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1 . 0  INTRODUCTION  AND  SUMMARY 


1 .  1  INTRODUCTION 

The  Airframe  Design  Report  is  one  of  a  series  of 
documents  in  Volume  II,  Technical /Airplane, 
called  for  by  the  FAA  Request  for  Proposal  for 
Phase  III  of  the  Supersonic  Transport  Develop¬ 
ment  Program.  The  Airframe  Design  Report 
consists  of  five  documents:  Weights  and  Balance 
—  Part  A,  V2-B2707-6-1,  Component  Design  — 
Part  B,  V2-B2707-6-2,  Structural  Criteria, 
Loads,  Flutter  and  Aero  Heating  —  Part  C, 
V2-B2707-7,  Materials  and  Processes  —  Part  D. 
V2-B2707-8,  and  this  document  Structural  Test- 
Part  E,  V2-B2707-9. 


The  Flight  Test  Program,  V4-B2707-14  includes 
the  accumulation  of  data  for  structural  evaluation, 
The  Integrated  Test  Program,  V4-B2707-11 
describes  the  structural  tests  of  this  report  and 
integrates  them  into  a  complete  program, 

1.2  SUMMARY 

A  comprehensive  development  and  verification 
test  program  has  been  established  for  the  structure 
of  the  B-2707  airplane.  It  recognizes  the  more 
demanding  usage  and  environment  to  which  the 
airplane  is  subjected,  and  the  use  of  relatively 
new  structural  materials  and  processes.  Addi¬ 
tionally,  it  recognizes  the  problems  of  contem¬ 
porary  airplanes  and  provides  testing  of  proper 
magnitude  and  timing  to  preclude  recurrence  of 
similar  problems  on  the  SST.  Structural  areas 
of  concern  have  been  covered  by  systematic 
development  tests  to  provide  the  maximum  in¬ 
formation  possible  prior  to  final  design.  Toward 
this  end,  Boeing  has  conducted  development  teBts 
of  the  SST  structure  and  materials  to  establish 
reliable  strength,  fatigue  life,  and  fail-safe 
concepts  continuously  during  the  past  8-ye 

Testing  began  with  small  specimens  and 
progressed  to  full-scale  specimens  as  the 
lation  of  data  permitted.  A  typical  example  of 
this  is  illustrated  by  the  wing  pivot  bearing 
development  described  in  Sec.  3.  0  which  pro¬ 
gresses  from  basic  materials  evaluation  through 
1 /4-scale  bearings  to  full-scale  (36-in.  dia) 
bearings  and  a  final  full-scale  pivot  structure 
test.  Testing  of  basic  materials  and  processes 
is  a  (.ontinuous  operation  to  provide  improved 


accumu- 


designs  and  is  combined  with  the  large  specimen 
test  data  to  define  a  proposed  design  for  the  air¬ 
plane  .  Information  from  these  tests  will  be  used 
to  finalize  the  airplane  design.  The  airplane 
static,  fatigue,  and  flight  test  programs  will 
validate  the  design  for  the  production  article. 

Much  of  the  required  development  testing  was 
accomplished  during  the  Phase  tl-C  Program. 
Material  selections  were  made  and  allowables 
established  for  the  airframe  structure.  Design 
criteria  were  established  on  the  basis  of  the  test 
results  and  subsequently  verified  with  tests  of 
large-scale  specimens  built  to  that  criteria. 

Items  tested  include  the  following. 

a.  A  full-scale  fuselage  pressure  section 
(Fig.  1-1)  was  used  to  establish  design  criteria 
for  passenger  sections.  Several  panels  were 
tested  to  determine  crack  growth  rates  for  various 
skin-stringer  combinations,  and  to  establish  fail¬ 
safe  strap  requirements  versus  skin  gages . 
Guillotine  tests  to  demonstrate  fail- safety  for 
instantaneous  punctures  of  skin,  skin  and  stiffen¬ 
ers,  and  skin  and  frame  were  also  included. 

b.  A  full-scale  wing  box  (Fig.  1-2)  was 
tested  at  room  temperature  and  elevated  tempera¬ 
tures  to  verify  stresses,  thermal  distributions, 
and  analysis  methods.  Tests  in  progress  will 
evaluate  fail-safe  criteria  established  through 
panel  tests  and  theoretical  analysis. 

c.  A  full-scale  empennage  box  structure  test 
(Fig.  1-3)  was  tested  under  simulated  load  and 
thermal  environment  to  establish  thermal  buckling 
criteria  for  both  the  skin-stringer  structure  and 
the  honeycomb  sandwich  structure. 

d.  A  full-scale  wing  pivot  bearing  (Fig.  1-4) 
was  tested  for  the  equivalent  of  a  full  airplane 
life  (30,000  cycles)  without  bearing  failure. 
Supporting  bearing  programs  included  a  1  /4-size 
pivot  test  and  small-scale  bearing  material  and 
process  development  tests. 

e.  Fatigue  and  fail-safe  tests  (Fig.  1-5)  were 
conducted  on  specimens  of  many  sizes  representa¬ 
tive  of  all  areas  of  the  airframe  structure. 
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f.  Wing  compression  panels,  (Fig.  1-6) 
fuselage  compression  panels,  wing  spar  struc¬ 
ture,  (Fig.  1-7),  shear  panels,  and  structural 
joints  and  splices  were  tested  to  determine 
allowables. 

g.  Sonic  fatigue  tests  of  skin-stringer 
(Fig.  1-8)  were  conducted  in  the  sonic  facility 
and  behind  a  J-75  engine. 

Results  of  these  and  other  Phase  EI-C  tests  are 
presented  in  Sec.  3.0. 

Fabrication  and  test  preparation  of  certain  large 
structural  components  began  during  Phase  II-  C 
when  there  appeared  to  be  elements  of  risk  <n  the 
design,  or  where  long  lead  times  were  required 
to  obtain  data.  Maximum  technical  information 
will  be  obtained  from  these  components  because 
they  will  be  tested  intensively  in  the  beginning  of 
Phase  in.and  the  data  will  be  available  early  for 
the  airplane  design.  These  tests  include  the 
following. 

a.  A  full-scale  pivot  structure  with  adjoin¬ 
ing  wing  box  sections  will  be  loaded  to  check 
stress  distribution  and  deflection  at  various 
sweep  angles .  This  will  be  followed  by  cyclic 
tests  to  check  bearing  wear  characteristics  and 
structure  fatigue  life.  Fail-safe  tests  will  be 
run  following  the  cyclic  test.  Supporting  tests 
include:  a  1 /4-scale  photostress  model  tested 
in  the  latter  part  of  Phase  II-C  to  verify  the 
pivot  design  prior  to'  start  of  full-scale  testing; 
a  36-in.  full-scale  bearing  life  test  which  is  a 
continuation  of  the  Phase  n-C  test;  a  1 /4-scale 
dynamic  load  bearing  wear  test  to  simulate  pound¬ 
ing  loads;  continuation  of  the  Phase  n-C  1 /4-scale 
pivot  box  test  to  check  bearing  configuration 


changes,  and  material  and  proccsH  (‘valuation 
using  small  diameter  bearings . 

b  Three  full-scale  wing  boxes  will  1k‘ 
tested  to  Improve  the  wing  design  fatigue  quality, 
and  *o  evaluate  the  effect  of  thermal  cycles  on 
fitigue  Mfe  and  the  proposed  full-scale  nlrplnnc 
'atlgue  test  methods. 

c.  A  full-scale  crew  compartment  will  be 
tested  to  determine  the  integrity  of  the  cab  design 
under  pressure  and  thermal  loads,  including  the 
windshield  and  window  structure.  Window  fail¬ 
safe  and  bird-strike  characteristics  will  be  verified. 

d.  A  full-scale  empennage  box  section  with 
honeycomb  leading  and  trailing  edge  sections  will 
be  tested  to  confirm  the  honeycomb  panel  design 
under  combined  bending  and  thermal  loadings. 

Structural  Test  Program  plans  for  Phase  III  and 
IV  are  presented  in  Sec.  2. 0,  Overall  test 
planning  is  presented  in  The  Integrated  Test 
Program,  V4-B2707-11.  The  results  of  the 
development  testing  accomplished  (hiring  Phase 
n-C  are  presented  in  Sec.  3.0  including  the 
description  of  the  wing  fatigue  box  tests,  wing 
pivot  test,  and  other  hardware  which  required 
more  time  to  complete  than  was  available  during 
Phase  II-C.  Structural  component  allowable 
tests  tc  validate  the  stress  analysis  of  Airframe 
Design  Report —  Part  B  Component  Design, 
V2-B2707-6-2  include  compression  and  shear 
panels,  joint  strength  tests,  fracture  toughness, 
and  crack  growth  types  of  fail-safe  tests,  and 
sonic  and  component  fatigue  tests.  The  material, 
process,  and  basic  allowable  tests  are  presented  in 
the  Airframe  Design  Report —  Part  D  Materials 
and  Processes,  V2-B2707-8. 


V2-B2707-9 


Figuru  1-1.  Fustlage  Prtfturt  Section 
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Figure  ?«3.  Empennage  Box  Structure  Test 
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Figaro  1-4.  Wing  Pivot  Boaring 
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Figure  7-5.  Fail-Safe  Test  Panel 
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Figure  14.  Compression  Test  Panel 
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Figure  IS.  Sonic  Test  Panel 
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2.0  TKST  PIHKIHAM  IM.ANS 


A  Mimm.irv  |il;m  is  presented  in  I' in .  2-1,  de¬ 
scribing  the  trsls  ill  Phase  II- 1'  through  Phase  IV. 

1  nc Incit'd  an  lull-scale  airframe  test  sections  to 
lie  liinll  Irmu  |irotol\ pc  tooling  for  refining  the 
production  iIcmhii  anil  advancing  the  flight  en¬ 
velope  (gross  weights,  maneuver  factors,  and 
speed)  through  i|iialifieation  of  the  prototype 
structure  to  maximum  limits.  These  components 
are  designated  In  an  asterisk  after  the  lest  titles 
ol  Par.  2.  1  ;uul  the  premium  plan. 

2.1  COM  PON  KN  1'  TFSTS 

The  developnumt  programs  of  Phase  II-C  will  lx* 
continued  with  emphasis  on  programs  directed 
toward  hardware  design  verification.  Included  in 
these  tests  are  structural  allowables,  windows, 
radomes,  joints,  fittings,  panels,  and  fatigue 
specimens.  Structures  which  involve  any  appre¬ 
ciable  risks  arc  built  as  components  and  tested 
in  adequate  time  to  incorporate  possible  changes 
into  the  production  design  and  verify  the  integrity 
of  the  prototype  airplane.  These  tests  will  pro¬ 
vide  a  thorough  check  of  the  airplane  structure 
integrity  comparable  to  an  airplane  proof  test. 

A  detail  breakdown  of  the  test  program  is  pre¬ 
sented  in  the  Integrated  Test  Program,  V4-B2707- 
11.  A  summary  of  the  more  important  tests  follow. 

2.1.1  Wing- to-  Fuselage  Joint  Tests  * 

This  is  the  most  highly-loaded  area  for  both 
fuselage  and  wing  structures  and  this  program 
will  provide  verification  of  the  static  and  fatigue 
strength. 

Proof  test  of  the  structure  will  apply  landing  gear, 
fuselage  pressure,  and  wing  loadG,  to  meet  the 
critical  design  limit  load  conditions.  Stress  dis¬ 
tribution*1  will  be  obtained  through  photostress 
analysis  and  strain  deflection  measurements. 

This  test  will  be  followed  by  a  cyclic  fatigue  test 
to  verify  and  improve  structural  fatigue  life.  The 
fatigue  test  will  be  based  on  full-scale  airplane 
cyclic  hotly  pressure,  landing  "ear,  and  wing  loads. 

The  fatigue  test  will  be  followed  by  fail-safe  tests 
of  as  much  structure  as  is  practical  including 
lower  wing  surface,  upper  fuselage,  lower  longeron, 
landing  gear  attachment  fittings,  and  fuselage 
I  in  1  kin.  ails. 


2.1,2  Kmpennagc-to- Fuselage  Joint  Tests* 

This  program  will  verify  the  static  and  fatigue 
strength  of  the  fin- stabilizer- fuselage  intersec¬ 
tion  structure.  A  full-scale  fuselage  structure 
section  complete  with  fin  and  stub  stabilizer 
sections  will  be  subjected  to  empennage  and  body 
design  limit  loads.  Stress  distribution  will  be 
obtained  through  photostress  analysis  :ind  strain- 
deflection  measurements.  This  test  will  be  fol¬ 
lowed  by  a  cyclic  fatigue  test  to  verify  and  improve 
the  structural  fatigue  1  if** .  The  fatigue  test  will 
duplicate  the  test  proposed  for  the  full-settle  air¬ 
plane  cyclic  test  as  closely  as  possible  and  will 
include  fuselage  pressure,  vertical  fin,  and 
stabilizer  loads. 

The  fatigue  test  will  be  followed  by  fail-safe  and 
crack-growth  tests  of  empennage  and  fuselage 
panels  and,  critical  Joint  and  bulkhead  structures. 

A  full  description  is  presented  in  the  Integrated 
Test  Program,  "Horizontal  Stabilizer  to  Body 
Joint  Tests"  and  "Fin- Body- Ventral  Joint  Tests," 
V4-B2707-1 1 . 

2.  1.3  Forward  Body  Compartment  Tests* 

This  program  will  demonstrate  the  structural 
integrity  of  the  passenger  pressure  compartment. 

A  full-scale  fuselage  section  will  be  subjected  to 
proof  pressures  and  thermal  loads.  Pressure 
leakage  and  thermal  distribution  will  be  deter¬ 
mined  during  proof-pressure  test.  Cyclic 
pressure  will  be  applied  to  verify  and  improve 
the  structural  fatigue  life.  The  fatigue  test  will 
lx?  followed  by  fail-safe  and  crack-growth  tests. 

2.  1.4  Outboard  Wing  Tests* 

This  program  will  demonstrate  the  structural  in¬ 
tegrity  of  the  wing.  A  full-scale  wing  section 
complete  from  the  pivot  outboard  to  the  wing- 
tall  interlock  (approx.  f>()0  in.  )  will  be  subjected 
to  a  proof  test  which  will  apply  critical  design 
flight  and  ground  limit  loads.  Stress  distri¬ 
bution  and  deflections  will  be  obtained  at  all 
critical  locations.  This  test  will  be  followed  by 
a  cyclic  fatigue  lest  to  verify  and  improve  fatigue 
life.  (Par.  2.3.2)  The  fatigue  test  will  then 
be  followed  by  fail-safe  tests  of  critical  areas 
and  additional  proof  testing  to  near  ultimate 
loads. 


1 1 

i2  Blank* 


V2 -112707 -9 


B0EIN6  MODEL  2707  SUPERSONIC  TRANSPORT 

ms 

me 

1*7 

JASOND 

JFMAMJJASOND 

JFMAJJJASOND 

j 

1 

MAjrn  MILESTONES  ^ 

STRUCTURAL  TEST 

PROGRAM  PLAN 

COMPONENT  ALLOWABLES 

STATIC,  FATIGUE 

AND  F  AILSA  FE 

SMALL  COMPONENTS 

FORGINGS,  CASTINGS 
j  RIBS,  FRAMES,  WINDOWS, 

SONIC  PANELS 

PRE  -  PROTOTYPE  LARGE 

SCALE  COMPONENTS 

(3.3.4)  FUSELAGE  PRESSURE 

SECTION  -  FAILSAFE  TESTS 

(3.1.1)  \  4  SCALE  WING  PIVOT 

(3.1.2)  FULL  SCALE  PIVOT  BRG 

'8 

TA 

IT 

Pll 

!S£ 

ii 

c 

— 

PHj 

ISI 

hi 

GC 

¥ 

-A 

SU 

HE 

m 

I>1 

T 

[ 

SE 

in 

’n 

IP. 

9C 

r 

*i 

r 

>RE 

r 

PR 

] 

OD 

j 

^O 

TC 

T 

P 

1 

1 

r 

■ 

r 

J 

r 

(?  2  4 )  FULL  SCALE  WING  TEST 

J 

1 

30, 

BR 

ooc 

G. 

J 

C 

NC 

J 

VC 

). 

J 

LI 

J 

ES 

"I 

h 

J 

r 

3E/ 

10. 

R 

2 

NC 

3 

R 

P 

.T 

RO 

s 

OF 

A 

TA 

T 

r 

T  1 
ES 

T 

i 

ST 

TH 

PF 

A* 

El 

o< 

-ic 

RM 

DF 

AL 

T 

ES* 

J 

r 

A 

1 

-A 

1 

L 

SA 

FE 

T 

ES 

*1  s 

X 

J  ASON  D  J  F  M  A  M  J  JASON  DJFMAMJ  JASOND  J 


A 


MAMJ  JASONDJ  FMAMJJASOKDJ  FMAMJ  JA80NDJFMAMJJAS0NDJ  F  M  A  M  J 


Figure  2*1.  Tost  Program  Plan 


V2-B2707-9 


c 


13 

(14  BLANK! 


JASON  I)  JF  MAM  J  JASONDJI  MAMJJASONDJKMAMJJASONDJFMAMJ  JASOND 


V2-B2707-9 


( 


15 

(16  BLANK) 


0 

H 

(] 

0 

0 

0 

11 

c 

0 

0 


c 


G 

c 

0 

[ 

[ 

[ 

L 


•OIMC  MODEL  2707  SUPERSONIC  TRANSPORT 

ms 

ISM 

1887 

J  A  8  0  N  1) 

J  FMAMJ  JA80ND 

JFMAMJJAS 

1 

MAJOH  Mll.FKTONEH  ^ 

VERIFICATION  OF  PROTO 

MANUFACTURED  STRUCT.  CONT’D 

12  1.3)  FORWARD  BODY 

PROOF  TEST 

FAT  GUE  TEST 

FAIL  SAFE  TEST 

(2,1  4)  OUTBOAI1D  WING  BOX 

P  ROO r  TEST 

FATIGUE  TEST 

FAIL  SAFE  TEST 

(2  1.51  WING  STRAKE  STRUCTURE 

PROOF  TEST 

FATIGUE  TEST 

FAIL  S  A  i7  E  TEST 

(2.  1  .6)  LANDING  GEAR 

MAIN  A  NOSE 

STATIC  TEST 

|  FATIGUE  TEST 

(2  1  7)  FIN  FJODY  -  VENTRAL 

SONIC  TEST 

MISCELLANEOUS  STRUCTURES 

NOSE  RADOME.  CONTROL 
SURFACES ,  CONTROL 
SURFACES  WING 

ACTUATORS,  PROPULSION 

package 

fs 

TA 

L 

— 

flT 

— 

i81 

1! 

L* 

l»HJ 

III 

GO 

r 

-A 

SU 

mm 

— 

!EA 

m 

T  I 

f 

HA 

SK 

III 

*R( 

>I\ 

90 

L 

j 

(2.2)  FuUTTER  S  LOADS 

PRO  I'OTYPE  AIRPLANES  TESTS 

IP  2  6  ‘  PRESSURE  8  CONTROL  PROOF 

TESTS 

(2  3  41  FLUTTER 

12  3  51  VIBRATION  a  SONIC  SURVEY 

(2  3  31  FLIGHT  a  GROUND  LOAD  SURVEY 

i 

PF 

M< 

i 

^  E 
3D 

SSL 

EL 

JR 

T 

1  40  1 
_ til  lii  J 

T 

P 

F 

W 

RE 

LU 

n 

TT 

_ 

=  R 
EF 

OT 

T 

L_ 

O' 

E£ 

-Y 

T! 

3E 

L 

J  A80NDJ  FMAMJ  JASONDJFMAMJ  JASO 


MAMJ  jasondjfmamj  jasondj  fmamjjasondjfmamjjasondj  F  M  A  M 

Figurt  2-7.  (Continued) 


U- 


V2-B2707-9 


17 

(18  BLANK) 


BOEING  MODEL  Z707  SUPERSONIC  TRANSPORT 


1 

MAJOR  MILESTONES  I 


PRODUCTION  AIRPLANE  TEST 


(2.3.1)  STATIC  TEST 

LIMIT  LOAD  TEST 
ULTIMATE  LOAD  TEST 
DESTRUCTION  TEST 


(2.3.2)  FATIGUE  TEST 

FLIGHT  BY  FLIGHT 
SPECTRUM  LOAD  TEST 


FLIGHT  TEST 

(2.3.6)  PRESSURE  4  CONTROL  PROOF 
TEST 

(2.3.4)  rL  UTTER 

(2.3.5)  VIBRATION  4  SONIC  SURVEY 


J  J  A  SONDUFMAM  J  J  ASON  D  JFMAMJJA  SON  DIJFMAMJ  J  ASON  D I  J  FMAMJ  JA  NON  D 


PHASE  IV  GO-AHEAD  ▼  I  I  I  |  |  |  T  ^MA(8E  (V  ^°* AHEAD  |  | 

COM  P  L  BA8IC^  |  I  I  I  ▼  FT8  ENG  FOR  NO.  1  PHOTO  REQO/D  BOEING 
PREPROD  PROTO  REL  ||  |  |  I  |  |  [  I  I  I  M  I  |  || 

NO.  1  PREPROD  PROTO  ROLLOUT  W  NO.  1^  |  |  I  |  y  100  HR  FLT  DEMO  C  3MPL 

I  I  I  I  I  I  II  I  I  I  I  PREPROD  PROTO  FIRST  FLT  I  I  I  I  I 


JJASONDJFKAMJJASONDJFMAMJJASONDJFMAMJJASONDJFMAMJJA80NDJF 


mi  mi  mi  m  ms 

AMJJAh()NI)J(  MAMJJAB(INI)J»MAMJJAhOSnj»  WAMJJAhONIIJ(MAMJ 


MJJA8ONDJFMAVJJA8ONDJ  FMAMJJA80NDJFMAMJJAS0NDJFMAMJ 

Figurt  2-1.  (Concluded) 


V2-B2707-9 


o 


19 

(20  BLANK) 


BLANK  PAGE 


2.1.5  Wing  Strake  to  Body  Tests* 

This  program  will  demonstrate  the  structural  in¬ 
tegrity  of  the  wing  strake,  strake  fuel  compart¬ 
ment,  and  strake  attachment  to  fuselage  structure. 
A  full-scale  section  of  the  wing  strake  will  be 
proof  tested  with  limit  design  fuel  pressure, 
thermal,  and  bending  loads.  Stress  distribution 
and  deflection  measurements  will  be  obtained  for 
the  critical  design  load  conditions.  This  test 
will  be  followed  by  a  cyclic  fatigue  test  which 
applies  fuel  pressure  and  bending  loads  simu¬ 
lating  airplane  usage  to  improve  the  fatigue  life. 
Fail-safe  tests  will  be  conducted  after  comple¬ 
tion  of  the  fatigue  tests. 

2.1.6  Landing  Gear  Tests 

The  following  tests  will  be  conducted  on  both  nose 
gear  and  main  gear  structures. 

2. 1.6.1  Drop  Tests 

Drop  tests  will  be  made  on  each  of  the  gears  to 
develop  proper  load-stroke  characteristics. 

These  tests  will  use  a  full  gear  assembly  loaded 
with  a  simulated  airplane  mass.  Drops  will  be 
made  at  varying  weights  and  drop  heights  with 
wheels  spun  up  to  represent  landing  speeds.  Final 
drops  will  demonstrate  gear  energy  absorption 
capacity  for  maximum  sink  rates  at  design  landing 
weights  and  at  maximum  gross  airplane  weight. 
Gear  loads,  stresses,  and  deflection  will  be  ob¬ 
tained  through  instrumentation  on  the  test  rig  and 
landing  gear  structure.  These  data  will  prove 
the  structural  integrity  of  the  gears. 

2 . 1 . 6 . 2  Experiment  Stress  Survey 

This  program  will  provide  a  method  for  refining 
detail  gear  design  through  elimination  of  exces¬ 
sive  material  and  reduction  of  stress  concentra¬ 
tions.  Replicas  of  the  gear  structure  made  to 
preliminary  machining  drawings  are  coated  with 
bi-refingent-sensitive  plastic  and  loaded  to  pro¬ 
portionate  values  representative  of  the  critical 
design  conditions.  Examination  of  the  loaded 
gear  under  polarized  light  permits  definition 
of  either  low  or  excessive  stresses.  The  speci¬ 
men  is  reshaped  to  provide  an  improved  distri¬ 
bution  of  stresses  and  the  material  is  then 
retested.  This  design-test-design  iteration  will 
continue  until  the  gear  details  are  optimized. 

2. 1.6. 3  Static  and  Fatigue  Tests* 

This  program  will  demonstrate  the  structural 
integrity  of  the  landing  gear  components.  Com¬ 
plete  gear  structure,  except  for  wheels,  brakes, 
and  tires,  will  be  subjected  to  design  ultimate 


load  tests  to  establish  gear  strength,  growth  po¬ 
tential,  and  possible  weight  reduction.  Loads 
will  be  applied  in  increments  through  design  ulti¬ 
mate  for  all  critical  conditions.  A  final  destruc¬ 
tion  test  will  follow  completion  of  all  design 
conditions . 

Additional  gears  will  be  cyclic- fatigue  tested  to 
verify  and  improve  fatigue  life.  Loads  will  be 
applied  in  blocks  representing  landing,  taxi,  and 
ground  handling  operations.  The  total  test  will 
provide  a  life  demonstration  of  a  minimum  of 
50,000-hr  airplane  service  (30,000  takeoffs) 
times  a  factor  of  four.  Specific  ''omponents  may- 
lie  shown  adequate  for  a  factor  of  iwo  if  the 
particular  structure  is  easily  replaceable. 

2.1.7  Fin- Body-Ventral  Sonic  Tests* 

The  fin-body-ventral  assembly  described  in  Par. 

2.1.2  will  be  set  up  for  sonic  testing  after  com¬ 
pletion  of  the  earlier  tests.  All  fuel  lines,  ducts, 
electrical,  and  hydraulic  components  in  these 
sections  will  be  installed.  The  combined  struc¬ 
ture  will  be  tested  in  the  presence  of  an  operating 
engine  to  simulate  actual  airplane  sonic  environ¬ 
ment.  The  test  will  be  used  to  validate  or  improve 
the  structure  design  for  a  time  equivalent  to  the 
airplane  service  life.  See  the  Integrated  Test  Pro¬ 
gram,  V4-B2707-11,  for  complete  description. 

2.2  MODEL  TESTS 

Wind  tunnel  load  and  flutter  model  tests  are  pre¬ 
sented  in  the  Airframe  Design  Report,  Part  C, 
"Design  Criteria,  Loads,  Aerodynamic  Heating 
and  Flutter,"  V2-B2707-7. 

The  model  tests  will  provide  load  and  flutter  de¬ 
sign  information.  Included  in  the  program  are 
low-speed  transonic  and  supersonic  pressure 
model  tests  for  design  load  distribution;  flutter 
models  for  stiffness  verification  of  wing  and  tail 
coupled  to  the  body;  dynamic  landing  simulations 
to  establish  landing-load  factors;  engine  air  in¬ 
duction  pressure  tests  which  use  a  1 /3-scale 
operating  engine  mounted  in  a  wind  tunnel ,  and  a 
hydrodynamic  test  to  investigate  the  behavior  and 
loads  during  a  water  ditching  operation. 

2.3  AIRPLANE  TESTS 
2.3.1  Static  Test 

Static  strength  integrity  will  be  developed  through 
knowledge  of  environment,  criteria  development, 
design,  analysis,  and  test.  The  design  will  be 
developed  and  substantiated  by  static  testing  of 
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parts,  panels,  and  components.  As  a  final  demon¬ 
stration  and  substantiation  of  static  strength  in¬ 
tegrity,  tests  will  be  conducted  on  combinations  of 
inter-related  parts  to  be  accomplished  by  testing 
a  full-scale  static  test  airframe. 

A  full-scale  static  test  will  be  conducted  on  a  pro¬ 
duction  certification  airframe  that  is  structurally 
complete  with  the  exception  of  the  landing  gear, 
high  lift  devices,  and  control  surfaces  on  one  side. 
Tests  will  be  conducted  for  critical  conditions  on 
the  fuselage,  wing,  empennage,  landing  gear, 
nacelles,  and  control  surfaces.  The  tests  will 
progress  in  a  logical  sequence  through  the  stages 
of  proof  tests  to  limit  load,  design  ultimate  load 
and,  In  some  instances,  to  destruction.  The  fuse¬ 
lage  will  be  pressurized  during  proof  and  ultimate 
flight  conditions.  Provisions  will  be  made  to 
conduct  tests  with  the  wing  in  any  sweep  position. 
The  landing  gear  will  be  static  tested  as  a  separate 
item  prior  to  conducting  the  full  airframe  test. 

The  flight  load  survey  on  the  prototype  airplane 
will  be  completed  prior  to  the  start  of  full-scale 
static  and  fatigue  tests  to  allow  for  final  adjust¬ 
ment  of  design  loads  and  temperatures. 

Preliminary  analyses  of  the  B-2707  indicate  that 
some  critical  design  conditions  occur  at  a  time 
when  the  structure  is  hot  and  maximum  thermal 
gradients  exist.  Provisions  will  lie  made  for 
heating  during  test.  Heat  will  also  be  applied 
without  mechanical  load,  to  determine  thermal 
gradients  and  resultant  thermal  stresses. 

A  complete  description  of  the  test  facilities  is 
presented  in  the  Integrated  Test  Program, 
V4-B2707- 1 1 . 

2.3.2  Fatigue  Test 

A  full-scale  fatigue  test  will  be  conducted  on  a 
production  airframe  that  is  structurally  complete 
except  for  the  landing  gear,  high  lift  devices,  and 
control  surfaces  on  the  left  side.  The  landing 
gear  will  be  fatigue  tested  in  a  separate  test  as 
stunni  hi  Bar.  2.1.1".  This  test  will  be  similar  If 
those  conducted  by  Boeing  on  the  B— 17,  B-52, 
KC-13.7,  and  the  Model  727.  The  727  test  article 
In  preparation  for  test  is  shown  in  Fig,  ?-? 

The  objectives  of  the  airplane  cyclic  test  are 
as  follows: 

#  I  I'+Ugw-v ritk-il  Hr***  J  the  air¬ 
plane  at  the  earliest  possible  time. 


•  Provide  test  data  for  analytical  sen- ice 
life  prediction. 

•  Evaluage  fail-safe  characteristics  of 
major  structural  pai-ts. 

•  Develop  inspection  and  maintenance  pro¬ 
cedures  for  the  airlines. 

To  accomplish  these  objectives,  the  airplane 
fatigue  test  must  be  accomplished  as  early  in  the 
overall  airplane  program  as  possible  so  that 
necessary  structural  changes  can  be  incorporated 
in  the  production  run  early  and  thus  minimize 
retrofitting.  Additionally,  the  necessary  lead 
time  of  test  flight  hour  accumulation  over  service 
hours  can  be  maintained. 

The  SST  is  the  first  commercial  airplane  which 
will  encounter  significant  elevated  temperatures 
during  normal  operations.  Elevated  temperature 
can  affect  the  structural  fatigue  life  of  an  SST 
in  several  ways:  thermal  stresses  resulting  from 
temperature  gradients;  s  iak  at  elevated  tempera¬ 
ture  and  the  resulting  change  in  behavior,  and  the 
change  in  fatigue  life.  Considerable  research 
effort  is  being  expended  to  increasing  the  under¬ 
standing  of  such  effects. 

The  basic  ways  in  which  the  airplane  fatigue  test 
could  be  conducted  to  account  tor  the  thermal  ef¬ 
fects  are  as  follows: 

•  Real  time  at  elevated  temperature.  The 
supersonic  portion  of  each  flight  of  the  fatigue 
test  airplane  would  be  of  the  same  time  duration 
as  that  for  an  actual  flight. 

•  Shorten  the  test  time  spent  at  elevated 
temperature  by  compressing  the  holding  period 
at  temperature. 

•  Test  at  constant  teifipoiatul  es  and  eli¬ 
minate  the  thermal  stress  cycle. 

•  Teel  it  room  temper*  Wife  and  aeoeunt 
for  thermal  effects  through  test  loading  adjust¬ 
ments  and  in  the  interpretation  of  the  results. 

For  a  test  with  real  time  at  elevated  temperature, 
as  described  in  Par.  2.3.2(a),  the  time  required.^ 
to  conduct  the  test  would  increase  mam  times 
dwwi*  if  at  fur  a  tewpethUtTe  test.  Vs 

suming  that  an  SST  would  spend  about  30,000  hr. 


Figur •  2-2.  Mo d»l  727  Cyclic  T*si 


of  its  service  life  at  elevated  temperature,  and 
recognizing  that  airplane  fatigue  tests  are  nor¬ 
mally  conducted  for  at  least  twice  the  service 
life  and  that  some  down  time  is  a  necessary  part 
of  the  test,  it  follows  that  the  duration  of  such 
a  test  would  ;ipproach  the  useful  life  of  the  air¬ 
plane.  It  is  recognized  that  the  thermal  test  is 
subject  to  the  same  approximations  in  loading 
spectra  definition  and  application  as  the  accel¬ 
erated  tests,  plus  significant  additional  approx¬ 
imations  in  the  temperature  definition  and  appli¬ 
cation. 


By  using  the  type  of  test  described  in  Par. 

2.  3.  2(b),  in  which  the  time  at  elevated  tempera¬ 
ture  is  reduced,  the  test  duration  could  be  short¬ 
ened.  All  other  problems  associated  with 
elevated  temperature  testing,  however,  would 
still  be  pi'esent.  The  test  time  would  still  be 
considerably  ’onger  than  for  a  room  temperature 
test  because  of  the  time  involved  in  achieving  a 
reasonable  buildup  and  decay  of  temperature  and 
temperature  gradients.  Supporting  test  programs 
and  analysis  would  still  be  required  to  quantita¬ 
tively  evaluate  the  effects  on  the  fatigue  life  of 
the  reduced  time  at  temperature. 
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The  method  listed  in  Par.  2.  3.  2(c)  would  permit 
testing  almost  as  rapidly  as  a  room  temperature 
test  but  would  prevent  as  typical  of  thermal 
fatigue  tests,  the  necessary  close  inspection 
monitoring  of  the  structure.  In  addition,  the 
fatigue  effects  of  the  thermal  stress  gradient 
would  not  be  accounted  for,  thus  losing  one  of 
the  primary  reasons  for  conducting  a  thermal 
test. 

The  approach  listed  in  Par.  2.3.2(d),  would 
permit  an  on-time  fatigue  test,  proper  inspec¬ 
tion  at  frequent  intervals,  and  adequate  monitor¬ 
ing  through  strain  gage  and  crack  detection  in¬ 
strumentation.  The  room  temperature  test 
would  be  accomplished  more  economically  using 
supporting  test  programs  and  analysis  to  quan¬ 
titatively  evaluate  the  effects  of  the  temperature 
omission. 

In  formulating  the  program  for  the  B-2707 
airplane  fatigue  test,  the  merits  of  the  different 
types  of  tests  and  the  sienlbcance  of  the  tem¬ 
perature  effects  on  fatig  te  life  have  been  care¬ 
fully  considered.  The  program  currently  planned 
provides  for  sufficient  pretest  thermal  exposure 
to  account  for  creep  effects  around  interference 
fit  fasteners.  The  test  will  then  be  conducted 
at  room  temperature  by  replacing  the  thermal 
stresses  in  the  critical  elements  with  mechanical 
stresses  and  accounting  for  the  differences  be¬ 
tween  test  and  service  conditions  through  sup¬ 
porting  laboratory  test  programs  and  analysis. 

Full-scale  airplane  fatigue  tests  have  histori¬ 
cally  been  conducted  to  simplified  conditions. 

This  has  been  necessary  for  both  practical  and 
technical  reasons.  The  actual  flight  environ¬ 
ment  \ . tries  with  each  airplane  and  each  flight, 
and  can  be  only  approximated  by  statistical 
average.  For  a  well  defined  loading  spectrum, 
the  application  to  a  complete  test  airframe 
presents  complex  problems.  Accordingly,  the 
loadings  applied  to  the  t  'st  article  are  reduced 
in  numln-r,  increased  in  intensity,  and  applied 
in  a  reasonable  simple  sequence. 

The  loadings  for  the  cyclic  test  will  be  derived 
from  an  analysis  similar  to  that  given  in  the  Air¬ 
frame  Design  Iteport  Part  H —  Component 
Design  V2-n27()7-f.-2,  Sec.  o.O,  using  the 
operational  profiles  and  airplane  design  charac¬ 
teristics  of  the  B  2707.  Cyclic  cabin  pressuriza¬ 
tion  and  wing  sweep  changes  are  included  in  the 
loading  spectrum.  Ttu  load  spectra  will  be 
similar  to  thosi  shown  in  Fig.  2-1  for  the  727, 
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Figure  2-3.  Mod*/  727  Cyclic  Load  Spectrum  Composition 

although  more  extensive  to  account  for  the  in¬ 
creased  structural  and  environmental  complexity. 

Thermal  stresses  will  be  accounted  for  in  the 
more  critical  structural  elements  bv  increasing 
the  mechanical  loading.  For  example,  at  a 
given  section  of  skin  and  stiffener  construction, 
the  skin  and  the  free  flange  of  the  stiffener  will 
experience  thermal  stresses  which  add  to  one 
element  and  subtract  from  the  other.  Moreover, 
for  either  element,  the  sign  of  the  thermal  stress 
will  be  opposite  during  descent  to  that  during 
climb  and  cruise.  The  test  loading  at  that  section 
would  be  a  practical  simulation  rf  the  more 
critically  loaded  of  the  two  elements.  For  the 
other  element,  the  test  loading  will  be  conserva¬ 
tive. 
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The  effects  of  elevated  temperature  and  long 
time  soak  at  elevated  temperature  on  the  fatigue 
resistance  of  the  material  will  be  accounted  for. 

Research  work  is  currently  being  conducted  bv 
Boeing  and  other  companies  which  will  help 
to  provide  a  firm  basis  for  the  planning  and 
interpretation  of  the  room  temperature  airplane 
fatigue  test.  Tests  to  evaluate  the  effects  of 
long-time  exposure  to  elevated  temperature  are 
currently  in  pi’ogress  at  Boeing.  These  tests 
will  show  the  effects  of  exposure  times  up  to 
no,  000  hr  at  500°F  and  650°F. ,  with  variable 
load  and  with  and  without  steady  load,  on  the 
subsequent  fatigue  life.  Research  work  spon¬ 
sored  by  Federal  Aviation  Agency  (FAA), 
Department  of  Defence  (DOD),  and  the  National 
Aeronautics  and  Space  Administration  (NASA)  is 
providing  valuable  data  on  the  effects  of  elevated 
temperature  on  structure  and  materials. 

A  series  of  wing  boxes  will  be  tested  in  Phase 
III  and  IV  (Par.  3. 2. 5)  to  provide  data  for  the 
final  fatigue  test  loading  definition.  These  boxes 
will  be  tested  with  and  without  the  thermal 
environment  so  that  a  correction  factor  can  be 
determined  for  equating  a  room  temperature 
fatigue  test  to  a  thermal  environment  fatigue 
test.  It  is  planned  that  the  airplane  fatigue  test 
will  be  run  at  room  temperature  following  a 
thermal  soak  for  the  period  of  time  necessary 
to  permit  creep  of  the  structure  around  inter¬ 
ference  fit  fasteners.  Component  tests  of  fatigue 
specimens  have  demonstrated  that  specimen 
fatigue  life  stabilizes  at  less  than  500  hr  of 
exposure  at  500°F  (Par.  3.G.2).  On  this  basis, 
test  planning  will  be  for  1,  000  hr  exposure  of  the 
complete  airframe  at  450°  F. 

Additional  testing  will  be  accomplished  in  Phase 
ni  to  fully  validate  the  approucTn  ~ 


Tests  loads  will  be  applied  through  an  automated 
programming  system  which  sequentially  applies 
loads  in  accordance  with  the  spectra  and  con¬ 
tinuously  records  the  loads  actually  applied. 

2.3.3  Flight  and  Ground  Load  Survey 
Flight  load  survey  is  planned  for  Phase  IV. 
Program  integration  and  test  description  are 
shown  in  the  Integrated  Test  Plan,  V4-B2707-11. 

2.3.4  Flutter  and  Ground  Vibration  Tests 
Complete  flutter  and  ground  vibration  test  pro¬ 
grams  are  planned  for  Phase  III  and  IV.  Details 


a  irescntcd  in  the  Airframe  Design  Report  — 

’  r.  Design  Criteria,  Linds,  Aerodynamic 
!li  ting,  Flutter,  V2-B2707-7.  Program  inte- 
gr.  ion  and  test  description  are  shown  In  the 
Integrated  Test  Plan,  V4-H2707-1 1. 

2.3.5  Sonic  Noise  and  Vibration  Survey 
A  full  survey  of  sonic  and  vibration  levels  will 
be  accomplished  on  the  prolot y|>e  airplane  and 
on  all  subsequent  models  which  have  an  appre¬ 
ciable  engine  thrust  Increase.  The  airplane 
will  be  fully  instrumented  with  microphones  and 
accelerometers  to  measure  the  sonic  and  vibra¬ 
tion  environment  with  engines  at  various  power 
settings.  Measurements  will  then  be  taken 
during  all  applicable  flight  conditions.  Further, 
definition  of  the  program  is  presented  in  the 
Airframe  Design  Report,  Part  C,  V2-B2707-7, 
and  the  Integrated  Test  Plan,  V4-B2707-II. 

2.  3.  6  Airplane  Proof  Tests 
A  description  of  the  prototype  airplane  proof 
tests  Is  presented  in  the  following  paragraphs. 
Similar  tests  will  be  accomplished  on  the  produc¬ 
tion  airplane  prior  to  first  flight. 

2.  3.  (1.  1  Fuselage  Proof  Pressure  Test 
A  proof  pressure  test  will  be  conducted  on  the 
fuselage  of  the  first  prototype  airplane  prior 
to  first  flight.  Strain  gages  and  deflection 
indicators  will  be  located  at  critical  iiolnts 
along  the  fuselage  skin  and  frame  structures  to 
obtain  data  for  verification  of  the  stress  and 
deflection  analysis.  Particular  attention  will 
be  paid  to  the  structure  in  the  cab  section  and 
at  the  wing-fuselage  and  fuselage-empennage 
junctures.  Pneumatic  pressure  will  be  applied 
in  increments  to  150  percent  of  the  o|>erating 
pressure  (11.  12  x  1. 5  16.  fiHpsig).  Stresses 

and  deflection  will  be  recorded  at  each  increment 
of  pressure  leading.  This  test  will  substantiate 
the  design  annlvsis  of  the  pressure  critical 
structure. 

2.  3.  6.  2  Fuel  Cell  Proof  Pressure  Test 
A  proof  pressure  test  will  be  conducted  prior  to 
first  flight  on  all  fuel  cells  of  the  prototype  air¬ 
planes.  The  airplane  will  be  instiumcnted  with 
strain  gages  and  deflection  indicators  at  critical 
structure  locations  to  prevent  over -pressurization 
during  the  test.  Pressure  will  lie  applied  to  each 
tank  to  represent  the  fuel  tank  vent  pressure 
levels.  The  test  will  verify  the  basic  design  for 
sustaining  ground  and  inflight  fuel  pressures. 
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2.  3.  0.  3  Flight  Controls  Proof  Test 
A  test  of  the  first  prototype  alrplune  control 
systems  will  he  conducted  prior  to  first  flight. 
All  primary  control  systems  will  be  tested  for 
the  purpose  of  verifying  structural  Integrity  and 
control -system  deflection,  l.imit  static  loads 
will  be  applied  from  the  pilot's  and  co-pilot's 


stations  and  will  be  reacted  at  the  mechanism 
control  surfaces.  Operation  tests  will  be  con¬ 
ducted  by  applying  constant  moments  at  the 
control  surface  attachment  equal  to  80  percent 
of  the  design  limit  load  and  reacting  them  at  the 
cabin. 


3.0  DEVELOPMENT  TEST  PROGRAM  RESULTS 


Tost  results  and  data  are  presented  for  the  struc¬ 
tural  development  accomplished  in  support  of  the 
SST  design.  Basic  material  testing  is  presented 
in  the  Airframe  Report  -  Materials  and  Processes 
Part  I)  V2-B2707-H.  Summary  results  are  shown 
herein  whole  appropriate.  Because  this  document 
precedes  the  completion  of  Phase  II-C,  complete 
test  program  results  are  not  shown.  However,  a 
description  of  the  remaining  testing  is  provided 
and  additional  results  will  be  provided  for  on-site 
review  and  through  the  monthly  letter  reports  as 
they  become  available. 

3.  1  WING  PIVOT  TESTS 

Wing  pivot  tests  have  been  conducted  continuously 
over  the  past  six  years  by  Boeing  in  conjunction 
with  the  SST  and  military  airplane  development 
programs  Because  of  this  lengthy  study,  the 
bearing  selected  during  the  Phase  I  was  near  the 
final  design  and  could  be  treated  much  the  same 
as  other  structural  component  development. 

The  bearing  program  for  developing  m  iter  al  and 
processing  concepts  is  described  in  Airframe 
Design  Report  —  Part  D,  Material  and  Processes, 
V2-B2707-8.  This  program  was  augmented  by  a 
1/4 -scale  full  pivot  test  and  a  full-scale  lug  bear  ¬ 
ing  test.  Additional  test  wor"  planned  for  Ph  ise 
III  will  continue  these  tests  and  others  on  a  full- 
scale  pivot  structuj  beirg  co  lrtructed  for  the 
test  These  test  <rograms  have  demonstrated 
the  bearing  design  for  life  equivalent  to  the  design 
goals  for  the  airplane  The  programs  are  de¬ 
scribed  in  dptail  in  the  following  paragraphs. 

3.1.1  The  1/4-Scale  Wicg  Pivot  Bear  ...g  Petit 
This  test  was  initiated  to  evaluate  the  effect  of  the 
bearing  configuration  nd  wing  flexibility  bear¬ 
ing  wear  life  with  an  elevated  tempera  'ire  en¬ 
vironment.  It  als  '  permits  the  evaluation  of 
thrust  bearing  wear  rate  and  pressure  distribution. 
Future  tests  will  in  'lude  tbr  effect  of  vibration 
and  pounding  loads  on  bearing  life. 


The  test  setup  (Fig.  3-1)  has  two  1/4-scale  pivot 
bearings  installed  in  a  simulated  outboard  wing 
pivot.  Loads  are  transferred  through  the  bearings 
to  a  shaft  which  was  designed  to  simulate  the 
flexural  stiffness  of  the  inboard  wing.  A  constant 
shear  load  is  applied  to  the  wing  box  70  in.  from 
the  pivot  center  line  while  the  pivot  joint  is 
rotated  back  and  forth  through  a  60-degree  arc. 
The  shear  load  is  transferred  through  the  test 
fixture  by  thrust  bearings  adjacent  to  the  upper 
surface  bearing  as  on  the  airplane  design.  Mo¬ 
ment  is  transferred  to  the  fixture  by  couple  loads 
on  the  test  bearings.  The  loads  are  chosen  to 
produce  a  bearing  pressure  of  8,  850  psi,  and 
represent  the  critical  supersonic  flight  conditions. 
After  300,000  cycles  have  been  accumulated  on  a 
bearing,  the  test  pressure  is  increased  to  12,500 
psi.  All  tests  are  conducted  with  a  bearing 
temperature  of  300°  F,  which  is  approximately 
100°  higher  than  maximum  anticipated  bearing 
temperature.  Test  bearing  configurations  are 
shown  on  Fig.  3-2. 

The  bearing  surfaces  consist  of  a  highly  com¬ 
pressed  teflon- fabric  bonded  to  the  bearing  races. 
The  -3  configuration  is  considered  superior  be¬ 
cause  it  has  two  bearing  surfaces  with  a  floating 
center  race.  This  allows  rotation  on  either 
bearing  surface  which  provides  a  uniform  wear 
ra  e  on  the  entire  periphery  of  the  bearing.  It 
also  r’lows  rotation  after  failure  of  one  of  the 
bearing  surfaces.  This  theory  has  been  verified 
by  wear  .  ~d  failure  observations  on  both  surfaces 
of  the  -3  and  -3  modified  bearings  which  have  been 
tested. 

A  summary  of  test  results  is  given  in  Fig.  3-2. 
Based  on  120,000  test  cycles  per  airplane  life,  all 
but  one  of  the  -3  bearings  tested  have  exceeded 
one  equivalent  airplane  lifetime  and  most  have  ex¬ 
ceeded  three  lives.  Test  results  also  show  that 
the  -3  modified  bearings  have  the  best  wear  life  of 
all  configurations  tested.  The  early  bearings  used 
the  AF-31  adhesive  system  for  bonding  the  bearing 
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Figure  3-1.  Quarter-Scale  Wing  Pivot  Test  Section 


liners  in  place.  Later  bearings  have  used  the 
Shell  957  adhesive  system  as  a  result  of  the  devel¬ 
opment  tests  conducted  on  small-scale  bearings, 
Ref.  Airframe  Design  Report,  Part  D,  Materials 
and  Processes,  V2-B2707-8  and  have  demonstrated 
the  improvement  shown  with  the  smaller  test 
specimens.  Future  specimens  will  utilize  the  Shell 
adhesive. 

Periodic  wear  measurements  are  being  made  on 
a  -3  modified  bearing  and  show  that  after  200,000 
cycles,  bearing  wear  was  negligible.  After 
accumulating  400,000  cycles  90  percent  of  the 
bearing  thickness  remained.  Measurements  will 
continue  to  be  taken  to  establish  bearing  wear- 
life  expectancy. 


The  thrust  bearing  assembly  which  reacts  the 
shear  load  consists  of  a  teflon  bronze  thrust 
bearing  bonded  to  a  steel  retainer  plate.  Thrust 
bearing  wear  and  failure  observations  have  shown 
average  thrust  bearing  wear -life  is  approximately 
400,000  cycles  (more  than  three  airplane  lives). 

3.1.2  Full-Scale  Bearing  Test 
A  full-scale  specimen  of  the  wing  lower  surface 
pivot  joint  was  fabricated  for  use  in  a  test  pro¬ 
gram  to  evaluate  bearing  wear  life  and  to  deter¬ 
mine  stress  distribution  in  the  pivot  lugs.  The 
teflon  bearing  (Fig.  3-3)  used  in  this  first  test 
was  manufactured  by  Sheafer  Bearing  Division. 
The  bearing  is  made  of  three  rings  of  17^1  PH 
corrosion  resistant  steel.  Teflon-impregnated 


V2-B2707-9 


28 


BEARING 

CONFIGURATION 


-2 

SPHERICAL 

mu 

TEFLON-GLASS 

TYPICAL 


-3 

CYLINDRICAL 
&  SPHERICAL 


-3  MOD 
CYLINDRICAL 
AND  SPHERICAL 


BI 


i 


9.299  DIA 


TEFLON  FABRIC 


BEARING 

CONFIG. 

ADHESIVE 

TEST 

POSITION 

-3 

AF-31 

UPPER 

SURFACE 

-3 

AF-31 

LOWER 

SURFACE 

-3 

AF-31 

UPPER 

SURFACE 

-3 

AF-31 

LOWER 

SURFACE 

-3  MOD 

AF-31 

UPPER 

SURFACE 

-2 

AF-31 

UPPER 

SURFACE 

-3  MOD 

EPON 

957 

UPPER 

SURFACE 

-3  MOD 

EPON 

957 

LOWER 

SURFACE 

CYCLES  TO  FAILURE  -  1000  CYCLES 
100  200  300  400 


500 


ip — 

1 

|  229,000  | 

TEST  TEMPERATURE:  300°  F 
BEARING  PRESSURE:  8,850  PSI 

lfc>  BEARING  PRESSURE 
^  INCREASED  TO  12.500  PSI 


,P> 


553,800 


436JOOO 


115,200 

J 

N 

r 

[  400,000 

i 

400,000 

(TEST  CONTINUING) 

(TEST  CONTINUING) 


Figure  3-2.  Quart or -Seal*  Wing  Pivot  Tatt  Ratults 


Dacron  cloth  is  bonded  to  the  spherical  surface 
of  the  outer  ring  and  cylindral  surface  of  the 
center  ring.  (Fig.  3-3).  The  Teflon  was  bonded 
to  the  surface  with  a  proprietory  adhesive.  A 
second  bearing  was  manufactured  by  the  Trans¬ 
port  Dynamics  Corporation  for  use  in  the  next 
series  of  tests.  Neither  of  these  bearings  was 
entirely  representative  of  the  optimum  design 
that  has  been  developed  with  the  small  2 -in.  and 
l/4-scale  test  programs  and  would  be  expected 
to  have  less  life  than  those  utilizing  the  Shell  957 


adhesive  an!  fiber  glass  retaining  material. 
Howevci ,  tae  first  bearing  was  tested  for  a  full 
airplane  life  without  failure  (30,000  cycles)  and 
has  demonstrated  the  validity  of  the  design.  The 
total  test  program  will  provide  adequate  informa¬ 
tion  and  data  for  full  qualifications  of  the  f*nal 
design. 

The  specimen  was  installed  in  a  test  machine 
Fig.  1-4  capable  of  applying  limit  loads  of  3.  6 
million  pounds  at  appropriate  sweep  angles.  A 
linearized 
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Figurt  3-3.  Blaring  Datails 

load  spectrum  (Fig.  3-4)  designed  to  simulate 
typical  flight  profile  loads  during  a  wing  sweep 
was  applied  to  the  specimen.  Because  of  prob¬ 
lems  with  the  attachment  to  the  test  fixture  the 
sweep  angle  for  room  and  reduceu  temperature 
conditions  was  changed  slightly  at  6,893  total 
cycles  to  obtain  a  less  severe  stress  pattern  on 
the  inboard  lug.  At  that  time,  3,520  room  tem¬ 
perature  cycles  3,323  200°F  temperature  cycles 
and  50  of  the  -40°F  temperature  cycles  had  been 
applied.  Proof  loads  of  2,400  kips  were  applied 
at  3,075  and  6,533  cycles.  3,600  kip  proof  loads 
were  applied  at  6,544  and  16,730  cycles.  All 
proof  loads  were  at  0  degrees  angular  displace¬ 
ment.  Approximately  90  strain  gages  were  in¬ 
stalled  on  the  specimen.  Readings  were  taken  at 
10,  0,  10,  31  and  44  degrees  for  cyclic  loads  and 
the  2,400  kip  proof  loads. 

The  test  was  stopped  for  inspection  and  repair  at 
18,474  cycles  because  of  a  loud  report  which 


indicated  a  structural  failure.  At  this  time  the 
lugs  were  disassembled  and  completely  inspected. 
There  was  no  evidence  of  any  appreciable  bearing 
wear,  however,  a  crack  had  appeared  at  the 
corner  of  the  triangular  cutout  as  shown  in  Fig. 
3-5.  Also,  inspection  of  the  inboard  lug  and  plug 
showed  galling  on  the  mating  surfaces  at  random 
locations  with  a  maximum  depth  of  0.  017  in. 
after  removal  of  local  pits.  To  prevent  recur¬ 
rence  ,  a  protective  coating  of  teflon  was  applied 
to  the  mating  surfaces  of  the  lug  and  plug  and  an 
anti-rotation  system  (Fig.  3-6)  was  installed  to 
prevent  relative  rotation  between  the  plug  and 
inboard  lug.  Inspection  of  the  lug  following  the 
test  completion  showed  this  to  be  an  effective 
method  for  prevention  of  galling. 

Results  of  a  stress  survey  on  1/10-photoelastic 
models  of  the  lug  showed  that  stress  concentra¬ 
tions  existed  at  the  corner  of  the  tiangular  cutout 
of  sufficient  magnitude  to  cause  problems.  Sev¬ 
eral  cutout  shapes  were  investigated  and  the  cut¬ 
out  was  reworked  to  the  most  favorable  config¬ 
uration.  The  crack  was  repaired  by  welding. 

The  lugs  were  reassembled  and  the  testing  con¬ 
tinued  without  incident  to  18,922  cycles.  At  this 
time  a  crack  developed  in  the  splice  between  the 
inboard  lug  and  the  test  fixture.  Fatigue  tests  of 
a  similar  splice  configuration  showed  the  original 
design  stress  to  be  excessive  and  that  the  early 
fatigue  life  predictions  of  Ti  8-1-1  were  overly 
optimistic  for  the  bolted  joint.  The  specimen 
was  repaired  by  moving  the  splice  outboard 
about  8  in.  Taper-Lok  bolts  were  used  in  the 
new  splice  in  place  of  the  original  straight 
shank  bolts  which  had  been  installed  in  rather 
loosefit  holes.  Because  of  continued  deteriotion 
of  the  under-designed  lug  joint,  testing  has  been 
discontinued  after  slightly  over  one  airplane 
equivalent  life. 

The  program  at  this  point  had  accumulated  150 
cycles  at  -40°F,  13,340  cycles  at  200°F  and 
16,611  cycles  at  room  temperatures,  slightly 
exceeding  the  airplane  single  life  goal  of  30,000 
cycles,  or  the  equivalent  of  50,000  hours  of  air¬ 
plane  operation.  Examination  of  the  bearing 
shows  it  to  be  in  serviceable  condition .  A  photo¬ 
graph  of  the  removed  bearing  is  shown  in  Fig.  3-7 
and  the  bearing  will  be  available  for  on-site  visual 
inspection. 
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Figure  3- 5.  Pivot  Bearing  Lug  Crack 
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Figure  3-6.  Inboard  Lug  Crack 
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Figure  3*7.  Pivot  Booring  A/tor  Lifo  Test 
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A  now  inboard  lug  of  Ti  0A1-4V  mill  annealed  that 
incorporates  airplane  type  splice  joint  design  and 
stress  levels  is  being  fabricated  and  will  be  avail¬ 
able  to  start  testing  of  additional  bearings  in 
November  of  19(10 .  Design  concepts  were  based 
on  the  full-scale  pivot  design,  data  from  the 
stress  survey  conducted  during  this  program, 
and  a  finite  element  solution  using  a  compute ■' 
program.  The  new  design  eliminates  the  tru..<- 
gular-shaped  hole  and  other  stress  concentrations 
to  be  more  nearly  equivalent  to  the  actual  air¬ 
plane  design. 

While  the  test  specimen  experienced  structural 
fatigue  problems,  the  test  program  accomplished 
the  following  goals  established  at  its  inception. 

•  Prove  the  feasibility  of  manufacture  of  full- 
scale  titanium  pivot  bearing  support  struc¬ 
ture. 

•  Demonstrate  a  bearing  design  for  a  life 
equivalent  to  the  airplane  design  goals. 

3.  1.3  Quarter-Scale  Photoelastic  Pivot  Test 
The  purpose  of  the  quarter-scale  photoelastic 
pivot  test  is  to  evaluate  the  validity  of  the  par¬ 
ameters  and  load  transfer  methods  used  in  the 
design  of  the  full-scale  titanium  test  box  (Ref. 

Par.  3.1.4).  Figure  d-h  shows  the  test  section. 
The  exterior  surfaces  are  machined  from  a  bi- 
refringent  plastic  (araldite  502).  All  ribs  and 
interior  lugs  are  made  from  Type  G  plexiglas. 

A  plan  view  of  the  test  setup  and  loading  posi¬ 
tions  are  shown  in  Fig.  d-9.  Loads  simulating 
actual  airplane  load  distributions  will  be  applied 
to  the  specimen. 

Photoelastic  techniques,  supplemented  by  strain 
gages  will  then  be  used  to  determine  load  distri¬ 
bution  on  the  surfaces  with  strain  gages  used  to 
evaluate  stresses  in  the  inaccessible  areas  of 
the  pivot  structure  and  interior  wing  box.  The 
results  of  this  test  will  be  used  to  aid  in  placing 
strain  gages  and  photostress  in  critical  areas  of 
the  full-scale  titanium  pivot  test  box  and,  if  nec¬ 
essary,  to  effect  changes  in  the  specimen  prior 
to  critical  loads  and  life  testing. 

d  1  4  Full-Scale  Pivot  Test 
\  wing  pivot  test  box  design  which  incorporates 
the  knowledge  aivl  experience  gained  from  the 
earlier  pivot  test  programs  is  presently  under 
const  diction.  The  deficiencies  not ed  in  the  full- 
scale  bearing  test  have  been  corrected  and  except 
lor  local  structure  revisions,  the  arrangement 


will  Ik*  identical  to  that  used  on  the  B-2707  air¬ 
plane.  Results  of  this  program  will  sene  to 
eliminate  the  development  risk  and  preclude  pos¬ 
sible  maintenance  problems  with  the  pivot. 

3.  1.4.1  Test  Specimen 

The  test  section  consists  ol  a  pivot  lilting  and 
wing  structure  extending  109-in.  outlxmrd  and  100- 
in.  inboard  of  the  centerline  of  the  pivot.  The 
structural  arrangement  of  the  l>o.\  is  shown  in 
Figs.  3-10  and  3-11.  The  pivot  fitting  consists 
of  lugs  at  the  uppor  and  lower  wing  surfaces.  The 
outboard  wing  laminated  single  shear  lug  is  sand¬ 
wiched  lietwcen  the  double  shear  lug  in  the  in- 
lioard  wing.  A  compression  plug  fits  into  the  lugs 
and  transfers  loads  from  the  oullxiard  to  the  in¬ 
board  wing  lugs.  The  outlioard  wing  rotates  on 
the  bearing  while  the  plug  remains  stationary. 

The  lugs  are  attached  to  the  inboard  and  outlioard 
wing  sections  by  mechanical  fasteners  in  a  double 
shear  splice.  The  inboard  and  outlioard  wing  sec¬ 
tions  are  conventional  two-spar  torque  Ixixes. 

The  bearing  for  this  test  was  made  by  the  MICRO¬ 
PRECISION  COMPANY.  The  bearing  race  con¬ 
figuration  is  identical  to  that  used  in  the  3<i-in.  dia 
bearing  test  excipt  that  improvements  from  the 
development  test  programs  are  incorporated  to 
provide  a  teflon-impregnated  fiber  glass  cloth 
bonded  to  the  surfaces  with  Shell  Epon  957  Adhesive. 

The  beam  shear  is  reacted  by  a  thrust  bearing  at 
the  upper  surface  between  the  outboard  wing  lug 
and  the  upper  plug.  The  plug  transfers  the  shear 
to  the  inboard  wing  curved  spar  which  is  attached 
to  the  inner  lugs  of  the  inboard  wing.  The  ben¬ 
ding  and  torsional  moments  are  transferred  as 
couple  loads  in  the  upper  and  lower  lugs.  The 
torsional  couple  loads  produce  differential 
bending  in  the  lugs  which  is  reacted  by  the  sur¬ 
faces  at  the  first  rib  adjacent  to  the  centerline 
of  the  pivot.  This  load  is  sheared  out  in  the 
spars  and  surfaces  at  the  end  ribs  in  the  test 
specimen. 

The  titanium  test  box  is  fitted  at  each  end  with 
steel  extensions  to  apply  and  react  the  test  loads 
(Fig.  3-12).  The  shear  moment  and  torsion  on 
the  test  box  are  obtained  by  application  of  a  sin¬ 
gle  point  load  which  rotates  through  52  degrees 
at  a  radial  distance  363  in.  outboard  of  the  pivot 
centerline.  The  bearing  and  lug  design  incor¬ 
porates  information  gained  during  tests  of  the 
full-scale  pivot  (Ref.  Par.  3.1.2)  and  the  1/4- 
scale  pivot  described  in  Par.  3.1.1.  ITtiniate 
design  shears,  moments,  and  torsions  for  the 
test  box  are  shown  in  Table  ,'I-A. 
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r igut*  3  S.  On*  Quarter  Seal •  T o»t  Section 


3 . 1 . 4 . 2  Program  Objectives 

The  major  objectives  of  the  teat  program  are  an 

follows: 

•  To  substantiate  analytical  calculations. 

•  To  determine  stress  distribution  in  structure 
and  effect  of  structural  flexibility  in  the  pivot 
area. 

•  To  determine  temperature  distribution  and 
thermal  stresses  in  the  structure. 


•  To  prove  structural  integrity  of  the  design 
including  a  limited  fatigue  life  evaluation. 

•  To  demonstrate  fail-safe  load  paths. 

3. 1.4.3  Test  Program 

•  Loads  at  40  percent  of  ult ,  at  sweep  angles 
of  20  degrees,  42  degrees,  and  72  degrees. 

Subsonic  maneuver  — flaps  down  A  =  20° 

Subsonic  flaps  up  A  =42° 

Transonic  flaps  up  A  =  72° 
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TEST  SPECIMEN  IS 
BETWEEN  £  OF  GRIPS 


SHEAR  LOAD  APPLIED  AT 
FIVE  LOADING  POSITIONS. 

ALE  =  ar.30*,42\63°.AND72- 


Figuro  2-9.  On«*Ouorf«r  Seal*  Pivot  Bom  T ost  Sotup 


Figuro  3-JO.  Pivot  T ost  Soction 
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INBOARD 
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Figure  3*11.  Pivot  Tost  Section 
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VARYING  SHEAR  LOAD  APPLIED  AT  THIS 
POINT  DURING  52°ROTATION 


HEAT  LAMPS 


Tob/«3*A.  Pivot  T*st  Loodt 


Section 


L.  E.  Sweep 
Angle 


Condition 

Number 


Ultimate  Test  Loads 


s  10^  in  kips 


Ref.  Fig.  3-12  for  location  of  sections 

1  -  Flaps  Down 

2  -  Subsonic  Maneuver 

3  -  Transonic  Maneuver 

1  -  Supersonic  Maneuver  Including  Environmental  Temperature 
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•  Cyclic  loads  of  30  percent  of  ultimate  while 
sweeping  the  wing  through  f>2  degrees. 

•  Fail-safe  testing  at  80  percent  of  limit. 
Planks  in  the  wing  lower  surface  will  be 
saw  cut  and  load  will  be  applied  to  determine 
crack  growth  rate  and  demonstrate  fail-safe 
load  paths.  Areas  to  be  cut  will  be  selected 
based  on  stress  distributions  determined 
from  test  data  obtained  during  proof  loading. 

Extensive  deflection,  temperature,  and  stress 
measurements  will  be  taken  during  testing,  Ap¬ 
proximately  100  sq  ft  of  bi-refringent  plastic  will 
be  applied  to  the  upper  and  lower  wing  surfaces 
and  exposed  lug  areas.  Approximately  900  strain 
gages  will  be  installed  to  evaluate  stress  dis¬ 
tribution  throughout  the  test  specimen. 

3.2  WING  TESTS 

The  wing  test  program  has  included  a  large  num¬ 
ber  of  component  specimen  including  a  full-scale 
wing  box,  full-scale  spar  structure,  compression 
panels,  shear  panels  and  fail-safe  panels.  A 
full-scale  wing  box  fail-safe  test  is  currently  in 
test.  Three  full-scale  wing  boxes  are  being  built 
for  testing  in  the  follow-on  period.  These  boxes 
will  be  used  to  define  the  Ti  6-4  wing  fatigue 
quality  and  to  verify  the  full-scale  airplane  fa¬ 
tigue  test  methods. 

Tests  have  been  conducted  at  room  temperature 
and  at  elevated  temperature  as  appropriate  to  the 
problem  definition.  Individual  tests  are  described 
in  detail  in  the  following  paragraphs. 

3.2.1  Compression  Panel  Tests 

3.2. 1.1  Program  Objectives 

Test  programs  have  been  conducted  on  Ti  8-1-1 
and  Ti  6A1-4V  compression  panels  to  verify  ana¬ 
lytical  methods  used  for  determining  compressive 
allowables  and  to  establish  design  allowables  for 
skin  stringer  panels. 

3.2. 1.2  Panel  Description 

Initial  tests  were  conducted  on  Ti  8-1-1  panels 
configurated  as  shown  in  Fig.  3-13  a.  These  panels 
were  representative  of  light  and  heavy  section 
wing  structure  and  light  and  medium  fuselage 
structure.  The  panels  were  designed  using  the 
analysis  methods  given  in  Airframe  Design  Re¬ 
port —  Part  B  —  Component  Design,  V2-B2707- 
(i-2.  Attachment  of  skin  to  stringer  was  by  spot¬ 
welding  with  attachment  spacing  consistent  with 


the  design  practice  of  providing  stability  for 
inter-rivet  buckling  or,  as  required  by* panel 
shear.  Panel  lengths  were  varied  to  obtain  slen¬ 
derness  ratio  values  over  the  optimum  design 
range.  Specimens  of  approximately  6  in.  in 
length  of  both  panel  sections  and  individual  stiff¬ 
eners  were  used  to  determine  crippling  strengths. 
The  Ti  8-1-1  panel  sections  shown  in  Fig.  3-13a 
were  similar  to  those  of  Fig.  3 -13b  except  that 
rivets  were  used  instead  of  spotwelds  for  attach¬ 
ment  of  skin  and  stringer.  In  addition,  hat  sec¬ 
tion  panels  were  included  in  this  series  of  tests. 
The  Ti  6-4  panels  were  designed  as  verification 
test  panels  typical  of  B-2707  wing,  fuselage 
and  empennage  compression  structure.  An 
earlier  series  of  tests  of  seven  spotwelded 
panels  similar  to  those  of  Fig.  3-13  a  are  not 
included.  The  test  results  showed  reasonable 
correlation  to  predicted  values;  however,  the 
spotwelding  procedure  used  in  the  fabrication 
of  these  panels  did  not  provide  acceptable 
spotweld  tension  allowables  and  resulted  in  some 
nontypical  panel  failures.  For  all  later  panels, 
a  revised  spotwelding  procedure  was  used. 

3.2. 1.3  Testing  Procedure 
Column  tests  were  performed  at  room  tempera¬ 
ture,  500°F,  and  with  200°F  -500° F  thermal 
gradients.  Crippling  tests  were  at  room  tempera¬ 
ture  and  500°F.  Ends  of  the  test  parts  were  ma¬ 
chined  square  so  that  when  loaded  by  the  flat  test 
machine  heads,  an  end  fixity  of  approximately 
3 . 5  would  be  deve’oped . 

Strain  gages  were  applied  at  critical  locations  on 
the  skins  of  the  room  temperature  panels  to  in¬ 
dicate  the  load  level  at  which  skin  buckling  oc¬ 
curred.  The  point  at  which  buckling  occurred 
was  determined  from  an  analysis  of  strain  gages 
installed  back-to-back. 

Radiant  heat  lamps  were  used  for  the  elevated 
temperature  conditions.  1  emperatures  were 
monitored  by  thermocouples  to  ensure  that  de¬ 
sired  level  and  distributions  were  obtained  For 
the  thermal  gradient  tests  a  load  of  approximately 
40  percent  of  the  expected  ultimate  load  was  ap¬ 
plied  before  heating  was  started.  This  procedure 
was  necessary  to  prevent  the  reduction  in  end 
fixity  that  would  occur  with  the  application  of 
thermal  gradient  with  a  small  axial  loading. 

Strain  gage  readings  were  taken  with  axial  load 
only  and  again  after  the  temperature  condition 
had  been  established.  The  difference  between 
the  readings  determined  the  stresses  due  to  the 
thermal  gradient.  Panel  ultimate  loads  were 
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TYPE  I  EXTRUDED  STIFFENERS 
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TYPE EFORMED  STIFFENERS 


Figur •  3-l3o.  Comprtssion  T*i i  Sections 
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then  determ tned.  A  typical  test  setup  for  an 
elevated  temperature  test  is  shown  by  Fig.  1-6. 

Lateral  deflections  of  the  panels  were  measured. 
An  Indication  of  the  actual  end  fixity  of  the  col¬ 
umn  was  determined  from  the  deflected  shape 
of  the  specimen. 

To  further  evaluate  the  test  end  fixity,  one  panel 
was  built  with  completely  fixed  ends.  Results  of 
this  test  indicated  that  an  end  fixltv  coefficient 
of  for  flat  end  panels  was  reasonable. 

A  bowed  condition  was  produced  in  the  manufac¬ 
turing  of  some  panels.  In  general  this  condition 
was  confined  to  the  spotwelded  panels.  For  these 
panels  a  load  was  applied  to  seat  the  panel  ends 
against  the  test  machine  head.  The  deflection  of 
the  panel  was  then  determined  and  this  value  was 
used  as  a  measure  of  initial  panel  eccentricity. 

.1.2  1.4  Test  Results 

The  results  of  compression  tests  are  shown  in 
Tallies  ,i-n  and  :i-C  and  a  comparison  of  test 
results  and  predicted  column  loads  are  presented 
in  Fig.  .1-14.  In  general,  reasonable  agreement 
was  obtained  between  test  and  predicted  load. 

Panel  alignment  in  the  test  machine,  end  flatness 
and  eccentricity  are  factors  that  Influence  loading. 
Small  variations  in  these  factors  can  materially 
change  test  result.,.  The  bowed  condition  of  the 
spotwelded  panels  presented  difficulties  ir.  accu¬ 
rate  determination  of  panel  eccentricities.  How¬ 
ever,  using  initial  eccentricities  based  on  panel 
deflection  measurements  resulted  in  reasonable 
agreement  of  test  and  predicted  load.  Test  loads 
for  the  riveted  Ti  0-4  panels  averaged  approxi¬ 
mately  ten  percent  lower  than  prediction  for  the 
heavier  sections.  Tile  lighter  formed  stiffener 
sections  showed  generally  good  agreement.  For 
the  heavier  sections,  panel  failure  was  initiated 
by  premature  stiffener  roll.  The  premature 
stiffener  roll  resulted  from  a  combination  of  end 
fixity  reduction  and  inadequate  simulation  of  the 
rib  chord  member.  The  simulated  rib  chord 
member  used  for  outstanding  flange  stabilization 
was  free  to  translate  in  the  plane  of  the  panel. 
Panel  deflection  data  indicated  a  reduction  of  end 
fixity  below  the  normally  assumed  coeffic.ent  of 
3  5  The  lowei  test  end  fixitv  resulted  in  an 
cflcctive  length  change  between  rib  chord  stabiliz¬ 
ing  members  and  allow  e  i  premature  stiffener  roll. 


In  the  actual  airplane  structure,  translation  of  the 
rib  chord  members  are  restrained  and  panel 
lengths  are  set  by  rib  spacing.  Evaluation  of  test 
results  and  test  factors  indicates  that  reliable 
structure  design  can  be  obtained  using  the  anal¬ 
ysis  methods. 

3.2.2  Shear  Panel  Tests 

3.2.2.  1  Program  Objectives 
Test  programs  have  been  conducted  on  Ti  8-1-1 
and  Ti  6-4  shear  beams  to  verify  analysis  methods 
and  to  establish  design  allowables  for  intermediate- 
type  shear  webs  having  either  riveted  or  spot¬ 
welded  web  to  stiffener  attachments.  Test  results 
have  verified  the  adequacy  of  the  analytical  meth¬ 
ods  outlined  herein. 

3 . 2 . 2 . 2  Panel  Design 

The  panels  were  designed  using  relation  of  web 
strength,  strength  of  web  stiffeners  and  stiffener 
to  web  attachments  consistent  with  existing  design 
methods.  Webs  were  designed  for  a  basic  net 
area  shear  strength  of  0.49  F(jj.  Allowable  stiff¬ 
ener  strength  was  based  on  the  method  given  by 
Kuhn  in  NACA  TN  2661  Ref.  1  modified  for  titanium 
stiffeners  as  follows: 


Web  to  stiffener  fastener  requirements  for  spot¬ 
welded  construction  was  based  on  a  tension  loading 
per  inch  of  29  percent  of  the  actual  shear  flow. 

The  ratio  of  tension  strength  to  shear  strength  of 
spotwelds  was  conservatively  assumed  to  be  o.  :>5. 

Initial  fastener  strength  requirements  for  riveted 
construction  was  based  on  a  shear  loading  per  inch 
of  85  percent  of  the  web  shear.  Riveting  for  the 
final  series  of  panels  was  reduced  to  40  percent 
of  web  shear  requirements  consistent  with  design 
practice  for  aluminum  shear  webs.  Testing  per¬ 
formed  to  date  has  validated  this  reduction. 

3.2.2. 3  Ultimate  Strength  Tests 
Ultimate  strength  tests  were  conducted  on  Ti  "'-1-1 
and  Ti  6-4  panels  having  web  gages  varying  from 
0.025  to  0.  125.  Panel  details  are  given  by  Fig 
3-15  and  Table  3-D.  Small  specimen  tension  tests 
were  used  to  determine  material  properties  of  the 
webs  All  testing  was  at  room  temperature 
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Tablt  3‘B.  Comprtttion  T»st  R»sult§ 


TEST  VS  CALCULATED  LOADS  -Ti  H-l-1  SPOTWELD  PANE1 


Panel  Type  Length 

Pel.  Pig. 13a  (in) 


Predicted  Load 
Johnson-Euler 
kips  [L> 


Predicted  Load 
Init.  Recent, 
kips 


Based  uix>n  actual  material  properties  and  panel  end  fixity  of  3.5  except  as  noted. 
No  deflection  data  available. 

Eulh  fixed  ends 
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Toth  3*C.  Companion  T»tr  Results 


TEST  VS  CALCULATED  LOADS 


Panel  Tvpe 

Ref.  Fig.  13b 

Length, 

(in) 

Test 

Temperature 

3  F 

Test 

Load 

kips 

Predicted  Load 
kips 

V 

46.5 

70 

498 

519  O 

73.5 

70 

319 

392 

46.5 

500 

447 

475 

73.5 

500 

300 

3.33 

Ti  6AL4V 

46.5 

500-200 

454 

495 

Riveted 

416 

46.5 

200-500 

402 

VI 

52.5 

70 

244 

286 

70.  0 

70 

157.5 

164 

52.5 

500 

212 

229 

Ti  6AL4  V 

70.  0 

500 

135 

143 

Riveted 

52.5 

500-200 

212 

240 

VII 

28.0 

70 

84 . 5 

39.  0 

70 

62.9  1 

28.0 

500 

62.  9 

69.  8  O 

Ti  6AL4V 

39.0 

500 

51.0 

54. 9 

Riveted 

28.  0 

500-200 

58.5 

65.  7 

vm 

30.  0 

70 

36.  0 

34 . 7 

37.  0 

70 

35.  1 

34 . 9 

.30.  0 

500 

32.  9 

29.1, 

37.  0 

500 

30.  5 

28.2 

Ti  6AL4V 

30.0 

500-200 

32.  0 

26 .  9 

Riveted 

30.  0 

200-500 

32.4 

2  i .  2 

IX 

37.  0 

70 

49.  9 

53.  8 

Ti  C.AL4V 

Riv eted 

37.  0 

500 

42.  0 

14. 8 

O  Using  C  2  Based  on  Test  Deflection  Data 


[£>■  Based  on  Standard  Material  Properties 


l< 
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The  first  series  of  tests  were  conducted  on  Ti 
8-1-1  duplex  annealed  panels.  Eight  panels  had 
spotwelded  web  to  stiffener  attachment  and  the 
remaining  three  were  riveted.  The  panels  were 
installed  in  the  jig  structure  and  loaded  as  canti¬ 
lever  beams.  The  jig  structure  served  as  chords 
and  end  stiffeners  for  the  beam.  Pin  joints  were 
used  at  the  corners  of  the  jig  to  prevent  shear 
transfer  through  the  jig  by  bent  action.  Figure 
3-i 6  shows  the  testing  jig  with  a  panel  installed. 
During  the  initial  tests,  it  was  determined  that 


excessive  jig  chord  rigidity  was  reducing  the 
diagonal  tension  loading  from  the  web  on  the 
stiffeners.  To  eliminate  this  and  obtain  more 
representative  stiffener  loading,  the  jig  structure 
was  redesigned  to  provide  chord  flexibility  sim¬ 
ilar  to  that  of  actual  shear  beams .  Four  addi¬ 
tional  Ti  8-1-1  riveted  panels  were  built  and 
tested  to  verify  the  redesigned  jig  structure. 
After  verification  of  the  jig  structure,  ten  Ti  6A1- 
4V  riveted  panels  were  tested  to  substantiate  the 
B-2707  shear  design  allowables. 
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Figure  3-76.  Test  Panel  Setup 


The  results  of  panel  tests  are  given  by  Fig.  3-17 
and  show  the  close  correlation  between  actual 
test  loads  and  predicted  values. 

3. 2. 2. 4  Fatigue  Tests  of  Shear  Webs 
Normally,  shear  webs  are  not  considered  crit¬ 
ical  in  fatigue.  However,  because  of  low  spot- 
welded  structure  fatigue  life,  three  light-gage 
shear  panels  have  been  life  tested  to  evaluate  the 
effects  of  repeated  web  buckling  on  the  spotwelded 
attachments  of  web  stiffeners  and  show  no  prob¬ 
lems.  The  panels  used  0.020  Ti  6A1-4V  Condi¬ 
tion  I  webs  spotwelded  to  Ti  6A1-4V  Condition  III 
extruded  zee- stiffeners.  The  panels  were  tested 
in  a  picture  fr.  me  jig  with  loads  applied  at  two 


diagonally  opposite  corners .  A  typical  shear 
panel  and  test  setup  are  shown  in  Fig.  3-18. 

Cyclic  tension  loads  varying  from  150  lb  minimum 
to  2,  000  lb  maximum  were  applied  to  the  first 
panel .  Panel  shear  flows  resulting  from  the 
maximum  tension  load  approximates  maximum 
one  factor  loading  on  a  typical  wing  rib.  After 
100,  000  cycles  produced  no  damage,  the  loads 
were  increased  to  approximately  a  3. 1  factor 
loading  (450  and  6, 200  lb).  After  an  additional 
35,000  cycles,  several  small  cracks  were  found 
in  the  web  near  the  spotwelds.  Panel  failure 
occurred  at  152,000  total  cycles. 
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Figure  3-18.  Fatigue  Test  Panel 


In  the  second  panel  tested,  small  web  cracks  near 
spotwelds  were  found  after  36,000  cycles  of  450 
to  6, 200  lb  loading.  Panel  failure  occurred  at 
75,  000  cycles. 

Small  cracks  began  in  the  third  panel  at  153,  000 
cycles  for  a  2. 05  factor  load  condition  (300  to 
4, 100  lb)  and  failure  occurred  at  380,  000  cycles. 

3 . 2 . 2 . 5  Summary  of  Test  Results 
The  ultimate  strength  tests  were  in  good  agree¬ 
ment  with  prediction  (Fig.  3-17)  thus  verifying 
proposed  analysis  methods  and  design  allow¬ 
ables  for  shear  webs. 


The  fatigue  test  results  indicate  that  spotwelded 
attachments  of  web  stiffeners  are  adequate  for 
repeated  applications  of  web  buckling  shear  loads . 

3.2.3  Access  Panel 

3 . 2 . 3 . 1  Program  Objectives 
A  test  program  will  be  conducted  the  latter  part 
of  1966  to  evaluate  stress  distributions  within  a 
typical  lower  surface  access  panel.  The  objec¬ 
tive  of  the  program  is  to  verify  the  panel  design 
and  to  determine  areas  of  unacceptable  stress 
concentrations  and  areas  of  excessive  material 
weight. 
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.’I  2  i  2  lest  Panel  Description 
A  one  half  nmli'  plastic.  model  of  lit*’  winy  fttU^ut- 
lx»x  lower  surface  nn  imt  panels  Is  lielng  manu¬ 
factured  (Put .  1. 2, 4).  The  panel.  itlmxii  m 
Hk.  i  i  ‘I  hun  tMi>  ;t(  t  ens  openings.  untl  11  dillei  ml 
transition  configuration  on  either  end  not  «»f 
plane  BU|>|>oi't  In  provided  by  simulated  rib  strut 
lure  spared  at  1 .1  1/2  In  The  panel  Is  rooted 
with  n  photoclastlc  material  whirl*  allows  visual 
stress  measurements  over  the  complete  surface 
of  the  panel  Hie  primary  advantage  of  using  n 
plastic  model  is  that  strut  tural  modific  ations  c  un 
lie  caslh  accomplished  In  adding  additional 
plustlc  material  which  then  becomes  part  o( 
the  basic-  material.  Sec  tions  c  an  be  reduced  b\ 
simple  removing  material. 

11  2  . 1  :i  Test  Program 

Shear  and  a.xlnl  load  tests  will  lx*  conduc  ted  on  the 
model 

Initial  testing  will  be  for  application  of  shear  loads. 
The  model  will  be  Installed  in  n  picture  frame  jig 
with  loading  applied  at  two  diagonally  opposite 


corners  Sire is  dlnlllbutl  ill  will  Ik-  tb  lei  mint'd 
from  (hi'  pholontrrsn  potter  nn  ami  an  tin  drln 
mlnetl  where  strain  gagrn  ui  required  to  obtain 
additional  strain  data  Modillt  -nitons  will  Is-  miult 
Its  militated  lie  tile  stress  dlstllbutlon  and  lilt 
pane  I  If  ten  tell  lor  c  ell  111  al  loll  of  tilt  lilt  M  111  It  Ml  lolls 
following  the  shear  tents  a  \lal  lolltl  lesln  '  III  III 
eondcit  led  to  obtain  n 1 1  t  ns  dlntlilnitloim  lu.d  tlelei 
mine  areas  o(  leijtiired  modilli  atlon 

lire  results  of  ihe  plustli  model  test  will  lx-  tim-d 
In  the  followon  leslgn  of  a  lull  stale  titanium  pail 
on  which  life  tests  will  be  eondueted  Illese  i  r 
suits  w  ill  Im-  t'  i  nsmitted  as  they  Irccomc  awilluhh 

.i.2  I  Full  -  Seale  Wing  J!o\  Test 

.12.1  1  Progrttm  objectives 

A  tc*st  program  luis  Irecn  eondueted  on  n  full  scale 
wing  bos  sec  tion  with  tile  following  obietilves 

u.  Demonstrate  the  structural  Integrity  ol 
the  wing  structure  when  subjected  to  a  variety  ol 
applied  and  thermal  lontl  conditions,  and 


Figur e  3*19.  Access  Pone/  -  Plattic  Mode/ 
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I ,  I  III  lui  l  I  Hill  I  rill  I  V  r  \  ti  (ill  I  111  |  e  I  ill  lull  I  if 

111 . .  111  iillil  i  1 1<  I  lint  fllul  mil  till  111  •  III  unit 

lilt- 1  lied  n  1 1  i  « tii  n 

I  J  l  Ifc-ni  I  1 1  it  I  •  >11  III  A  III*;  Ihis 
Hu-  ||  ;  I, US  rd|i  >W  II  III  I  1*;.  I  2  In  II  I  \  1 1 1 1  • .« 1 

nils'll-  'ill  two  n  |  ill  I  w  III*;  lm\  till  V I  UK  shill  st  I  I  111? 
e  |  mil  lilt  r  n  mill  still  ■*  llt-i  I  well  spurn  Iillil  lllis  Fill 
rlltlii  Inis  ulln  lulu  1 1  It  tfi  I  1 1  i  Mil  fl  s  I  1  MUlterlul 

I "tn-  Ims  in  <i j i| > i  iislliiul«-l  >  1-  It  Ion*;,  1  ft  wltt«*  lliul 
1  |  •  H  dt-f-|i  \  win*;  Ims  I  tit- 1  i  ill  Iwivln*;  four 
liuin  tiiaK  illm  mill  two  Ui nk  end  rllm  wan  In 
i  hiili'il  All  i  1 1  in  ss  t- 1  i-  spneed  ut  2  1  111  Hit*  lt-nt 
m-ctliin  wan  supported  h\  two  n tee  I  extensions , 
t  at  li  l'.i  It  Ion*;  anil  drsl*;ned  to  provide  tin-  proj>er 
moment  distribution  In  the  lent  surtlon.  The 
•  si  r, slons  wen  Mlniple  sup|x>rled  at  tin*  emln  and 
eoul  !  I  .ululate  in  the  npanwlne  direction  to  allow 


I  ,<  I  Hill  e  splllln  loll  I  j  iudn  were  applied  llllou*>h 
lull  ll*;  n  all  lie  1 1  I  111  and  i  eu  I  up  1 1  n  ( I  Itf  I  2) 

I  1 1  v  a  led  lempe  i  ulu  l  e  It  nl  t  "in  III  imm  wen 
achieved  li\  II  run*'  i  ad  In  1 1 1  he.jl  I  in  pn  m  I  tit  uppei 
and  low  nil  rlai  en  . 

I  2  I  .1  lent  l>l’o*'raill 

llll  i-O  room  temperature  and  eleven  elevated 
temperature  lent*  Were  eondlieled.  Fuel  loUitln*;s 
ol  :i  I  lull,  1  :t  -  full ,  and  empt\  wen-  in\  entlnated 
lor  tile  tdevuled  temperature  conditions  An  out 
line  of  tile  lentn  eondlieled  In  *>|veli  hy  I  aide  I  I.. 
Thermlnol,  a  tieut  trannfer  fluid,  wan  lined  lo 
nlmulule  uetual  fuel  Hie  nuhnUtutlon  of  Therm l 
nol  for  netunl  fuel  han  tile  advantage  of  In-In*; 
nonexplonlve,  yet  lw«  tile  a  mm*  H|mclfh  heal  on  a 
volume  liusls. 


T obi*  J •£.  Wing  Bom  Toil  Oufllnt 


1  empe  i  ature  (  imdlllon 

la  null  a*;  ('ondithm 

Fuel  Level 

Itoom  Teiii|*‘ ratuiv 

Limit,  Shear  and  Moment 

No  1  uel 

Itoom  l  em|>e ratu re 

Torsion 

No  I  uel 

Hoorn  Te»i|ierature 

1. imll,  Shear,  Moment  and  Tor(|ue 

No  Fuel 

Kill'  r  a  I  :i()  ■  Min 

No  Load 

No  Fuel 

ruin'  1  ;u  |o'  Min 

No  Load 

N.  ael 

TUMI  I  at  HO'  Min 

No  Load 

No  Fuel 

ruin'  F  at  -III'  Min 

1.  1*;,  Shear  and  Moment  \X^> 

Vo  Fuel 

loo’Fai  in  Min 

1.1*>,  Shear,  Moment  and  Torque 

No  Fuel 

r>(M)  V  at  K)1  Min 

1 .  1*;,  Shear,  Moment  and  Tnr(|uc 

No  Fuel 

■".nn1  Fat  in’  .Mill 

Limit,  Shear  and  Moment 

No  Fuel 

:>oo’  r  at  lo1  Min 

No  Load 

:i  l  Full 

."tOO3  r  at  -in*  Min 

l.lp,  Shear,  Moment  and  Torque 

:i/i  Full 

MM)’  F  at  10’  /Min 

No  Load 

l  ::  l  ull 

a ()()’  F  at  -to*  /Min 

l.lK,  Shear,  Moment  and  Torque 

i/:i  Full 

D>  l  oad  cycled  to  1 .  Hg  at  time  ol  maximum  AT  across  section 
[2_^->  Klevated  temperature  limit  '  j  of  Hoorn  Temjierature  limit 
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:i  2  .4  4  To  all  UK  Prmeihire 
For  the  room  Uimj>ciatuie  i  orvlltlons,  the  illstrl 
tiutlon  of  loads  we*  obtained  for  various  load  In 
crementa  up  to  maximum  load 

The  aoqutMU'«  of  testing  for  tile  elevated  lumixua 
tore  teata  was  tia  follow*;  A  I.  <»g  nluUi'  load  wan 
applied  fir*  and  the  temperature  profile  was 
n tailed  When  the  temperature  of  the  outer  nur 
fa  •  ea  reached  the  denlred  lent  valuea,  a  hot 
aoaked  condition  wan  simulated  by  maintaining  ti»e 
surface  tcm|M«raturea  constant  for  approximately 
one  hour  The  heat  wan  then  nhut  off  and  the  wlnK 
box  allowed  to  cool.  Data  wan  taken  durirtK  all 
phmaea  ol  the  test  cycle 

.'1.2.4  .ri  Anal ya la  of  Thermal  and  Applied  Strennen 
Span-wine  and  chord-wine  thermal  ntralnn  were 
calculated  by  determlnlnK  the  average  ntraln  of 
the  croan  section  and  subtracting  the  absolute 
ntraln  of  the  Individual  point  In  question  Applied 
bending  ntrennen  were  determined  unlit#  ntandard 
bending  theory  and  then  modified  to  account  for 
configuration  anil  tent  condition  lnflucncen.  The 
effect  of  the  nhear  lag  which  rcnulted  from  the 
loading  arrangement  wan  accounted  for  In  the 
calculation  of  bending  ntrennen  Calculated  bend¬ 
ing  ntrennen  nlno  account  for  the  redistribution 
of  the  applied  bending  load  resulting  from  changes 
In  nection  stiffness  with  thermal  gradients.  Sec¬ 
ondary  bending  effects  about  both  the  span-wise 
and  chord-wise  axes  due  to  an  unsymmetrical 
temperature  distribution  were  accounted  for  in 
the  analysis.  The  restraint  provided  by  the  ribs 
to  the  chord-wise  F’oisson  strain  effect  was  also 
Included. 

The  experimentally  measured  stresses  were 
corrected  for  the  effect  of  creep  and  drift  of  the 
strain  gages. 

3. 2. 4. 6  Summary  of  Tost  Results 
In  general  the  test  results  indicated  good  agree¬ 
ment  between  actual  and  theoretical  stresses  for 
the  various  test  conditions  and  substantiate  the 
analysis  methods  for  the  B-2707.  Typical  test 
results  and  correlation  with  predicted  stresses 
are  shown  in  Figs.  3-20  and  3-21. 

Figure  3-20  shows  the  distribution  of  tempera¬ 
tures  and  span-wise  stresses  for  the  elevated 
temperature  limit  load  condition.  Figure  3-21 
shows  the  distribution  of  temperatures  and  chord- 
wise  stresses  at  a  tank  end  rib  for  a  test  condi¬ 
tion  with  a  3/4-full  fuel  level.  The  data  of  both 


Fig  a  3  -20  and  I  21  worn  obtained  ut  Ihr  time  n| 
maximum  thermal  gradient  across  ihe  nlrui  tore 

3  2  I»  Wing  Itox  Fatigue  I’ratn 
A  program  la  in  work  to  fatigue  lent  tim  e  lull 
acale  wing  box  tie  These  teats  are  in  nupporl  ol 
the  full -Beale  airplane  fatigue  tent  uml  will  pro 
vide  structural  design  information  (<u  tin-  proto 
type  and  produt  t\m  alrplanen 

All  three  test  boxen  are  of  identical  construction 
ami  represent  u  13. I  In  long  section  <>f  tin-  out 
Ixtard  wing  printer)  ■  .icturnl  box.  'Jltey  Include 
upjHir  and  lower  surface  skin  and  stiffener  cover 
imnels,  front  and  rear  s|»ars,  four  Intermediate 
rllxi,  ami  two  tank  -id  riba.  Fittings  are  located 
on  the  front  and  rear  spars  for  representative 
attachment  of  flaps,  slats  and  ailerons  and  their 
actuators  A  test  lx>x  Is  shown  In  l  lg.  .1-22. 

One  box  will  lx*  tested  to  represent  uh  nearly  as 
practical  the  actual  wing  and  the  loads  and  tem¬ 
peratures  It  will  encounter  in  normnl  service.  It 
will  have  programmed  temperatures  applied.  The 
heating  ami  cooling  (climb  nnd  descent)  portions 
of  each  test  flight  will  lx*  applied  on  n  true-tlme 
basis  to  provide  proper  temperature  gradients 
and  thermal  stresses.  A  fluid  will  lx-  pumped 
Into  and  out  of  the  box  each  flight  to  provide  the 
fuel  heat  sink  effects.  Properly  proportioned 
external  loads  are  applied  through  the  flight  from 
taxi  to  landing  in  proper  time  phase  with  the 
temperature  changes.  Ihe  applied  loads  are 
higher  than  would  normally  be  encountered  in 
typical  usage  to  achieve  meaningful  results  before 
start  of  the  full  airplane  fatigue  test  on  a  pro¬ 
duction  airplane.  The  type  of  test  setup  is  shown 
in  Fig.  3-23  and  the  box  inboard  end  bending 
moments  during  the  flight  are  shown  in  Fig.  3-24. 

The  other  two  boxes  will  be  tested  on  an  accel¬ 
erated  time  basis.  This  is  achieved  by  testing  at 
room  temperature  and  eliminating  the  heat-up  and 
cool-down  time  required  in  the  other  test. 

The  second  box  to  be  t<  sved  at  room  temperature 
will  complement  the  time-temperature  box  test. 
Loads  on  the  box  will  be  higher  than  normally 
encountered  in  flights  to  account  for  thermal 
effects .  The  exact  level  of  the  loads  will  not  be 
established  until  the  time-temperature  box  test 
is  nearly  completed.  The  loads  will  be  estab¬ 
lished  to  obtain  a  correlation  in  number  of  flights 
before  fatigue  failures  between  this  box  and  the 
time-temperature  test  box.  This  box  test  along 


t 
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Figur*  3-21.  Chordwist  T omp*ratur»-Str»ss  Distribution 
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with  the  time-temperature  box  test  will  provide 
very  useful  correlation  data  on  failure  locations 
and  lives  between  realistic  and  accelerated  type 
tests.  This  correlation  data  will  be  extremely 
important  to  assure  that  meaningful  results  are 
obtained  from  the  full  airplane  test. 

,'1.2.6  Fail-Safe  Test  — -  Panels 


of  modifications  of  existing  theoretical  analysis 
In  the  second  part,  fail-safe  panels  of  the  selected 
prototype  material  and  design  configurations  will 
be  tested  to  verify  the  designs.  The  third  part 
of  the  program  is  a  series  of  fail-safe  tests  for  a 
variety  of  damage  configurations  on  a  full-scale 
test  box.  The  details  of  this  test  program  are 
given  in  Par.  3.2.7. 


i 


I 


3 , 2 . 6 . 1  Program  Objectives 
A  testing  program  to  evaluate  and  verify  fail-safe 
design  for  the  wing  lower  surface  is  being  con¬ 
ducted  in  three  parts.  In  the  first  part  a  series 
of  stiffened  panels  were  tested  to  evaluate  effects 
of  stiffening  ratios,  stringer  spacing,  types  of 
fasteners,  fastener  spacing,  and  stringer  loads 
on  crack  growth  rates  and  ultimate  fracture 
strength.  Test  results  were  used  for  development 
of  new  design  techniques  and  analysis  methods 
and  to  provide  experimental  data  for  correlation 


3. 2 . 6 . 2  Description  of  Test  Panels 
The  initial  test  configurations  were  simple  skin 
panels  of  either  Ti  8-1-1  or  Ti  6A1-4V  material 
stiffened  by  straps  or  zee  stringers.  Skin-to- 
stiffener  attachments  were  either  spotwelds  or 
mechanical  fasteners .  Stiffener  area  ratios 
varied  from  28  to  42  percent  of  the  median  sec¬ 
tion  area.  In  general,  the  panel  lengths  were  at 
least  three  times  the  panel  width.  The  panel  con¬ 
figurations  are  shown  in  Fig.  3-25  with  the  design 
parameters  for  these  panels  shown  in  Table  3-F. 
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The  test  results  from  these  panels  were  used  to 
design  the  multlHkin  verification  panels  Hhown  in 
Fig  .1-26.  These  panels  have  mechanically 
fastened  Ti  (iAl-  lV  skin  and  stiffeners  and  incor¬ 
porate  design  parameters  for  fastener  spacing, 
stiffener  spacing  and  area  ratio.  Tests  on  these 
specimens  are  scheduled  to  begin  in  August,  l!»'u> 

11.2,6..')  Testing  Procedure  and  Results 
The  panels  were  strain  gaged  to  obtain  data  on 
stress  distribution  within  the  panel,  local  fasten¬ 
er  loads,  and  stringer  loads  as  cracks  were  ex¬ 
tended  to  desired  test  length  High-speed  record¬ 
ings  were  used  to  obtain  strain  measurements 
for  ultimate  residual  strength  tests  For  all 
panels,  fatigue  cracks  were  produced  from  starter 
cracks  by  fatigue  cycling.  Upon  completion  of 
crack  extension,  some  panels  were  statically 
loaded  to  failure  Other  panels  were  repaired  in 
order  to  conduct  additional  tests. 


The  crack  growth  histories  of  the  strap  rein¬ 
forced  panels  (1  and  ID  are  shown  hv  Fig.  -t -2 T . 
During  fatigue  cycling  of  the  smaller  strap  area 
panel,  a  fatigue  crack  was  Initiated  in  the  strap 
at  the  first  spotweld  away  from  the  skin  crack 
and  complete  strap  failure  occurred  after  ti,  l.)l s 
cycles  A  fractographic  examination  of  the  larger 
area  straps,  after  the  static  test  ol  the  panel, 
showed  that  a  fatigue  crack  had  also  initiated  on 
the  center  strap  but  had  not  grown  completely 
through  the  straps  before  the  static  test  was 
conducted. 

The  crack  growth  hit  tories  of  Panels  Ilia  nnd 
□lb  are  shown  by  Fig.  :i-2s.  The  Type  III  panels 
are  zee-stiffened  panels  having  the  same  stiffen¬ 
ing  ratio  as  the  Type  II  strap  reinforced  panel 
Panel  nia  had  spotwelded  skin  stiffener  attach¬ 
ments  and  nil}  had  mechanical  fasteners  The 
skin  flange  of  the  center  stringer  on  Panel  nia 
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Figure  3-24.  Fatigue  Box  B ending  Moments 


developed  a  fatigue  crack  at  the  edge  of  the  fi  rat 
spotweld  away  from  the  skin  crack.  This  crack 
was  detected  at  a  crack  length  of  5.92  in.  The 
stringer  was  completely  severed  by  sawcutting 
and  cycling  was  continued  at  a  reduced  stress 
level  to  obtain  growth  data  for  a  broken  stringer 
configuration.  Cyclic  testing  was  discontinued 
after  the  crack  had  been  extended  to  a  length  of 
7.0  in.  and  the  panel  was  statically  loaded  to 
failure.  The  skin  crack  in  Panel  mb  was  ex¬ 
tended  to  10.  9  in.  at  35-ksi  maximum  gross  area 
stress  without  detectable  fatigue  damage  to  tlie 
center  stringer.  The  damaged  area  of  the  panel 
is  shown  in  Fig.  3-29  and  the  test  setup  in  Fig. 
1-5.  Following  the  cyclic  testing  an  ultimate 
load  test  was  conducted.  From  the  crack  growth 
history  curve,  it  is  apparent  that  spotwelded 
structure  tends  to  retard  crack  growth  better 
than  bolted  structure;  however,  the  fatigue  life 
of  the  remaining  intact  spotweld  structure  is 
reduced  below  an  acceptable  level. 


The  crack  growth  rate  histories  of  Panel  I,  n, 
ma,  and  mb  are  shown  in  Fig.  3-30.  The  crack 
growth  rate  of  the  spotwelded  panels  show  very 
good  agreement.  Panel  mb  data  shows  the  faster 
growth  rate  of  the  bolted  structure.  Analytical 
methods  are  being  adjusted  to  account  for  this 
effect. 

The  comparison  of  predicted  versus  measured 
failure  loads  for  the  first  four  panels  are  shown 
by  Fig.  3-31.  Predicted  loads  are  based  on 
company- developed  analysis  methods  for  residual 
strength  of  damaged  structure.  The  predictions 
are  in  good  agreement  with  test  results . 

Panels  IVa  and  IVb  were  tested  as  fatigue  spec¬ 
imens  prior  to  being  used  as  fail-safe  panels. 
After  completion  of  fatigue  testing  (par.  3.  6) 
the  panels  were  modified  for  use  as  fail-safe 
panels .  In  general ,  the  crack  growth  rates  for 
these  panels  were  higher  than  experienced  for 
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Figure  3-2 5.  Fail-Soft  Tast  Panal* 
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Tabl •  3-F.  Pan •/  Datalli 


Panel 

Type 

Skin 

Material 

Stiffener 

Material 

Fasteners 
&  Spacing 

Skin-Stiff 
Area  Ilatio% 

Initial 

Damage 

Maximum 
Cyclic  9tress 

I 

TI  8-1-1 
DA 

TI 8-1-1 

DA 

Spotwelds 
at  1.5 

70-30 

Sawcut  in 
skin  only 

35  ksl 

II 

TI  8-1-1 
DA 

TI 8-1-1 

DA 

Spotwelds 
at  1.5 

56-44 

Sawcut  in 
skin  only 

35  ksl 

III  a 

TI  8-1-1 
DA 

TI  8-1-1 

Mill  Anneal 
Extrusion 

Spotwelds 
at  1. 5 

58-42 

Sawcut  in 
skin  only 

35  ksl 

III  b 

TI  8-1-1 
DA 

TI  8-1-1 

Mill  Anneal 
Extrusion 

Countersunk 
Lockbolts 
at  2. 0 

55-45 

Sawcut  in 
skin  only 

35  ksl 

IV  a 

TI  8-1-1 
DA 

TI 8-1-1 

Mill  Anneal 
Extrusion 

Spotwelds 
at  1. 15 

55-45 

Suwcut  Stiffener 
and  skin 

20  ksl 

IV  b 

TI  8-1-1 
DA 

TI 8-1-1 

Mill  Anneal 
Extrusion 

Hi-Loks 
at  1.5 

55-45 

Sawcut  Stiffener 
only 

20  ksl 

V 

TI  6-4 
Condition 

in 

TI  8-1-1  Strap 
Mill  Anneal 
Extrusion 

TI  6-4  Cond.  E3 

Countersunk 
Lockbolts 
at  1.5 

54-46 

Sawcut,  skin 
skin  &  Stiff 
skin  &  Part 

Stiff 

35  ksl 

25,  40  ksl 

40  ksl 

JL 


j 


SPLICE  STRINGER  AREA=1.4  IN.2 
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EMPENNAGE  PANELS 


Figurt  3-26.  Fail-Salt  V*ri7»'cofi'on  T#»f  Pon*<» 
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Figure  3-28.  Crack  Growth  History  -  Panols  Ilia  and  lllb 
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Figure  3-29.  Panel  lllb  Damage 
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Figvro  3-30.  Crack  Growth  Rato*  Data  -  Pantlt  I  thrj  lllb 


other  panels.  Additional  testing  is  required  to 
determine  the  effects  of  prior  fatigue  history  on 
crack  growth  rates. 

The  crack  growth  history  of  Panel  IVa  is  shown 
by  Fig.  3-32.  The  center  stringer  was  severed 
completely  and  an  initial  skin  crack  was  installed 
by  sawcutting.  The  panel  was  cycled  at  a  maxi¬ 
mum  gross  area  stress  of  20  ksi  in  extending  the 
crack  to  the  adjacent  stringers  to  obtain  crack 
growth  rate  data  shown  by  Fig.  3-33. 

The  center  stringer  of  panel  IVb  was  cut  at  a 
fastener  location  and  the  panel  was  cycled  at  a 
maximum  gross  area  stress  of  40  ksi.  After 
5,  600  cycles,  a  crack  was  produced  on  one  side 
of  the  fastener  hole  location  at  the  cut  in  the 
stringer.  During  the  next  five  cycles,  a  pre¬ 
viously  undetected  crack  at  the  first  fastener  hole 
from  the  end  of  the  cut  stringer  grew  to  a  length 
of  10  in. 

The  crack  growth  history  of  the  tests  conducted 
on  Panel  V  are  shown  in  Fig.  3-34  and  Fig.  3-35 
gives  the  crack  growth  rate  data.  The  panel  was 
designed  to  evaluate  the  effect  of  placing  some  of 
the  stiffening  area  in  straps  between  the  stringers 
The  total  stiffening  ratio  was  the  same  as  used 
for  the  other  zee-stiffened  panels.  The  first 
test  was  conducted  with  a  sawcut  in  the  skin  only 


at  the  center  Btrlnger.  At  7,200  cycles  of  35-ksi 
maximum  gross  area  stress,  one  crack  tip  grew 
into  a  fastener  hole  at  the  adjacent  strap.  No 
additional  growth  occurred  on  that  side  during  Ui  ■ 
remainder  of  the  test.  The  other  side  of  the 
crack  grew  between  the  fasteners,  but  growth 
was  retarded  at  each  stiffening  member.  Testing 
was  discontinued  at  a  total  crack  length  of  9.  87 
in.  The  panel  was  repaired,  a  stringer  was 
completely  cut,  and  a  sawcut  was  installed  in  the 
Bkln  for  the  next  test.  The  panel  was  cycled  at 
a  maximum  gross  area  stress  of  25  ksi.  At 
4,  800  cycles  both  crack  tips  had  grown  into 
fastener  holes  at  the  adjacent  straps.  After  ap¬ 
proximately  1,000  additional  cycles  at  25  ksi  had 
produced  no  detectable  growth  from  either  end  of 
the  crack,  the  maximum  stress  level  was  in¬ 
creased  to  40  ksi.  A  crack  was  initiated  at  the 
fastener  hole  on  the  left  side  after  373  cycles  at 
the  higher  stress  level  and  extended  to  a  fastener 
hole  at  the  adjacent  stringer  after  460  cycles. 

No  additional  growth  was  initiated  at  the  other 
fastener  hole  and  the  test  was  discontinued.  The 
panel  was  again  repaired  and  a  sawcut  wr>  ade 
in  the  skin  and  skin  flange  of  the  stringer  ai  a 
fastener  location.  The  panel  was  cycled  at  a 
maximum  gross  area  stress  of  40  ksi.  At  a  crack 
length  of  10.  9  in. ,  the  partially  severed  stringer 
failed. 
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Flguro  3-31 .  Tost  Versus  Prodiciod  Ultima! »  Ftectur •  Loads 


Hie  ultimate  strength  tests  have  demonstrated 
that  analysis  methods  can  accurately  predict  the 
residual  strength  of  damaged  composite  struc¬ 
ture.  The  good  correlation  of  growth  rate  data 
presented  as  a  function  of  stress  intensity  factor 
Indicates  that  reliable  predictions  of  remaining 
life  of  damaged  structure  can  be  made. 


3.2.7  Fail-Safe  Tests  —  Wing  Box 

3 . 2 . 7 . 1  Program  Objectives 
The  purpose  of  this  test  program  Is  to  demon¬ 
strate  the  ability  of  the  full-scale  wing  structure 
to  sustain  design  fail-safe  loads  after  failure  of 
various  structural  members. 
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F igur a  3-33.  Crack  Growth  Rata  Data  -  Panal  IVa 


3 . 2 . 7 . 2  Description  of  Test  Section 
After  completion  of  the  full-scale  Ti  8-1-1  wing 
box  test  program  described  in  Par.  3.2.4,  a  new 
Ti  6A1-4V  fail-safe  designed  lower  surface  was 
installed  on  the  box.  This  test  program  will 
utilize  the  existing  test  jig  modified  for  fail-safe 
loading  requirements.  The  fail-safe  lower  sur¬ 
face  consists  of  three  extruded  zee-stiffened 
panels  fabricated  from  Ti  6-4  Condition  IV 
material  joined  by  longitudinal  splice  stringers 
as  shown  in  Fig.  3-36.  Taper- Lok  fasteners  are 
used  for  skin  splicing  and  attachment  of  skin  and 
stringers.  The  structural  arrangement  of  the 
test  surface  is  representative  of  the  B-2707  out¬ 
board  wing  tension  structure  which  uses  both 
Taper- Lok  fasteners  and  squeezed  rivets.  The 
skin  and  stringers  are  instrumented  so  that  stress 
levels  and  load  transfer  characteristics  may  be 
determined  for  the  various  test  conditions . 

3.2.73  Test  Program 

Crack  growth  and  fail-safe  verification  loading 
tests  will  be  conducted  for  various  types  of  struc¬ 
tural  damage.  A  summary  of  damage  to  be  tested 
for  is  given  by  Table  3-G.  The  testing  procedure 
for  each  indicated  location  is  given  in  the  follow¬ 
ing  parag  aphs.  A  starter  crack  is  installed  in 
the  structure  and  extended  by  cyclic  loading  pro¬ 


ducing  either  a  one  factor  stress  condition  or 
stresses  associated  with  an  average  flight.  The 
crack  length  and  stress  distribution  are  con¬ 
tinually  monitored  while  the  crack  is  being  ex¬ 
tended  to  the  required  test  length.  At  various 
intervals  of  crack  extension  a  static  fail-safe  load 
of  0. 8  design  limit  load  is  applied.  After  com¬ 
pletion  of  testing  at  one  location  the  damage  area 
is  repaired  and  testing  of  a  different  damage 
configuration  is  started. 

All  testing  is  done  at  room  temperature.  The 
ultimate  fracture  strength  of  Ti  6-4  is  higher  at 
elevated  temperatures  than  at  room  temperature . 
Also  the  ratio  of  ultimate  fracture  strength  to 
operating  stress  level  is  larger  for  the  elevated 
temperature  conditions.  For  these  reasons,  room 
temperature  tests  result  in  more  critical  fracture 
conditions  than  elevated  temperature  tests  and 
thus  represent  the  critical  test  condition. 

3. 2. 7. 4  Initial  testing  of  the  center  panel  is  in 
progress.  A  2-in.  saw  cut  at  a  fastener  hole 
was  extended  to  10  in.  in  12,000  cycles  of 
simulated  airplane  loading  of  30  Ksi  to  -15  Ksi. 
Crack  extension  from  10  to  12.88  in.  was  ob¬ 
tained  from  a  fail-safe  loading  of  61  Ksi  gross 
stress.  The  crack  has  been  extended  to  20.5 
in.  by  fatigue  cycling. 
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PARTIALLY  SEVERED  STRINGER 


40  KSI  GROSS  AREA  STRESS 


RIGHT  -  HAND  SIDE  CRACK  TIP 
GREW  INTO  FASTENER  HOLE 
AT  “Z"  STRINGER  (NO 
ADDITIONAL  GROWTH) 


STRINGER  FAILED 


GROSS  AREA  STRESS 
25  KSI  40  KSI 


RIGHT- HAND  SIDE 
CRACK  TIP  GREW 
INTO  FASTENER 
HOLE  AT  STRAP 


LEFT-HAND  SIDE 
CRACK  TIP  GREW 
INTO  FASTENER 
HOLE  AT  STRAP 


CRACK 
GROWTH 
ON  LEFT 
SIDE  ONLY 


PANEL! 


35  KSI  GROSS  AREA  STRESS 


&  LEFT  -  ► 
‘ ''"-r-J GREW  INI 
HOLE  AT 


-  HANO  SIDE  CRACK  TIP 
INTO  FASTENER 

AT  STRAP(NO  ADDITIONAL  GROWTH) 


CYCLES 


Figure  3-34.  Crock  Growth  Hlttory  -  Panol  V 
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Figure  3-35.  Crock  Growth  Rata  Data  -  Panal  V 


3.2.8  Wing  Spar  Test 

A  test  program  has  been  conducted  on  a  full-scale 
section  of  a  wing  spar  to  evaluate  design  concepts 
and  analysis  methods . 

The  test  spar  was  a  Ti  8-1-1  0.090  gage  stiffened 
web  beam  having  both  formed  and  extruded  stiff¬ 
eners.  Upper  and  lower  chords  were  identical 
such  that  the  beam  was  vertically  symmetrical . 

One  end  of  the  beam  contained  an  access  door 
designed  for  shear  loadings .  The  spar  was  sup¬ 
ported  at  the  ends  by  pin  joints  and  one  end  was 
free  to  translate  in  the  horizontal  direction  to 
allow  thermal  expansion.  Test  loads  were  ap¬ 
plied  at  the  centerline  of  the  spar  and  reacted  at 
the  ends .  Radiant  heat  lamps  were  used  for 
heating  during  elevated  temperature  tests .  The 
spar  and  test  setup  is  shown  in  Fig.  1-7. 

The  first  test  demonstrated  the  feasibility  of  using 
spar  access  doors  for  ground  maintenance  without 
requiring  special  jacking  procedures .  A  one- 
factor  dead  weight  spar  load  was  applied  and  while 
the  spar  was  under  load  the  access  door  was  re¬ 
moved  and  reinstalled  without  difficulty. 

The  next  series  of  tests  were  conducted  at  room 
temperature  to  obtain  data  on  stress  distributions 
for  increment  loadings  up  to  limit  design  load. 


The  access  door  was  installed  with  the  boltc 
tightened  per  recommended  torque  values  for  this 
test. 

Following  this  test  the  spar  was  loaded  to  approxi¬ 
mately  90  percent  of  limit  load  with  the  access 
door  bolts  installed  finger  tight. 

Elevated  temperature  tests  were  conducted  to 
determine  thermal  gradient  stresses  in  the  spar 
and  to  evaluate  mechanical  stress  distribution  in 
combination  with  thermal  gradient  stresses .  In 
these  tests  the  spar  chords  were  heated  to  500°F 
and  a  maximum  temperature  gradient  of  350“F 
was  obtained  between  spar  chords  and  the  spar 
web.  Thermal  strains  were  obtained  initially 
for  an  unloaded  condition  and  then  for  a  loaded 
condition.  Following  this  initial  survey  of  thermal 
and  mechanical  strains  an  additional  elevated  tem¬ 
perature  test  was  conducted.  A  40, 000-lb  center 
load  was  applied  to  the  spar  and  after  strain  mea¬ 
surements  were  obtained  the  spar  chords  were 
heated  to  500°F.  After  obtaining  the  desired  tem¬ 
perature  on  the  test  section,  the  load  was  in¬ 
creased  to  100, 000  lb.  The  load  was  then  reduced 
to  40,  000  lb  and  the  heat  turned  off.  The  spar  was 
allowed  to  cool  to  room  temperature  before  final 
load  removal.  Strain  and  temperature  data  were 
taken  at  various  intervals  throughout  the  test. 
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COND  IV 


SEE  TABLE  3-G 
FOR  TEST  AT  THIS 
LOCATION 


Figurt  3-36.  Lower  Surface  -  Foil-Soft  Tttf  Bo* 
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Tabla  j-C.  Fail'Sola  Tatt  Outllna 


CRACK  GROWTH  TESTS 


Crack 
Location 
Ref  Fig 

Damage  Configuration 

1 

Cracked  skin  with  stringer  intact 

2 

Cracked  skin  with  broken  stringer 

3 

Cracked  skin  with  broken  stringer 

4 

Cracked  skin  with  stringer  intact 

3 

Broken  splice  stringer  with  crack 

In  one  skin  panel 

(i 

Broken  spar  chord  with  cracked  Bkin 

An  ultimate  load  destruction  test  was  then  con¬ 
ducted.  At  89  percent  of  expected  ultimate  load 
the  spotwelds  fastening  the  web  to  stiffeners  in  one 
area  of  the  spar  failed.  A  repair  was  made  by 
using  bolts  for  the  web  to  stiffener  attachments. 
The  beam  was  then  loaded  to  destruction  and 
failed  at  112  percent  of  predicted  ultimate  load. 
Figure  .’t -37  shows  the  beam  at  approximately  8f> 
percent  of  ultimate  load. 

The  test  results  provided  data  for  web  and  stiff¬ 
ener  requirements,  thermal  strains,  and  ultimate 
web  strengths  for  typical  stiffened  web  beams. 

In  general,  the  test  results  verified  analysis 
methods  for  web  strength  and  showed  modifica¬ 
tion  necessary  for  web  stiffener  analysis.  Re¬ 
moval  and  rcinstallation  of  access  doors  in  spar 
members  under  one-factor  dead  weight  load  was 
demonstrated  as  not  being  a  ground  maintenance 
problem. 

3.2.9  Corrugated  Rib  Test 
A  test  program  is  to  be  conducted  on  corrugated 
rib  panels  to  verify  design  allowables  frr  shear 
and  compressive  strength. 

The  ribs  have  Ti  (1A1-4V  duplex  annealed  sine- 
wave  corrugated  webs  welded  to  flat  plate  Ti  6A1- 
4  V  duplex  annealed  chords.  A  typical  test  rib  is 
shown  in  Fig.  3-3S.  Details  are  given  in  Fig. 

3-39.  Web  gages  of  0.023  and  0.030  gage  are 
included.  The  o  023  gage  panels  were  rhem 
milled  from  0.030  material. 


Ribs  of  each  web  gage  will  be  tested  for  sheur 
alone,  compression  alone,  and  combined  shear 
and  compression.  Initial  tests  will  be  for  the 
single  load  conditions.  In  the  combined  loading 
tests  a  predetermined  shear  load  will  be  applied 
and  then  compressive  loading  applied  to  failure. 
Panels  will  be  tested  for  several  different  ap¬ 
plied  shear  loadings 

Test  data  from  this  program  will  be  used  to 
verify  design  allowables  for  shear  and  compres¬ 
sion  and  provide  data  for  interaction  relation  of 
shear  and  compression.  The  panels  are  available 
for  this  program  and  testing  is  scheduled  to  begin 
in  the  near  future. 

3.3  FUSELAGE  TESTS 

The  fuselage  test  program  has  included  a  large 
number  of  component  specimens  including  com¬ 
pression  panels,  shear  panels,  and  fail-safe 
panels.  An  extensive  fail-safe  development  and 
verification  lest  program  has  been  conducted  on 
a  full-scais  fuselage  section.  The  cabin  window 
design  concept  has  been  verified  by  ultimate  load, 
fatigue,  and  fail-safe  tests.  A  crew  compartment 
section  was  designed  and  is  being  manufactured  for 
testing  in  the  follow-on  period.  This  section  will 
be  used  to  verify  the  cab  structure  and  windshields 
for  pressure,  thermal  loading  conditions,  bird 
strikes,  fatigue  and  fail-safe  conditions. 

Tests  have  been  conducted  at  room  and  elevated 
temperatures  where  appropriate.  Details  of  the 
individual  tests  are  given  in  the  following  para¬ 
graphs  . 

3.3.  1  Compression  and  Shear  Tests 
Test  programs  have  been  conducted  to  establish 
design  allowables  and  substantiate  analysis 
methods  for  fuselage  compressive  and  shear 
structure.  The  results  of  these  programs  are 
given  in  Par s .  3.2.1  and  3.2.2. 

3.3.2  Passenger  Cabin  Window’  Tests 
A  fatigue  and  fail-safe  test  program  has  been 
conducted  to  substantiate  the  fail-safe  design 
concept  of  the  multipane  passenger  cabin  window. 
The  test  assembly  was  a  structurally  complete 
unit  consisting  of  primary  and  fail-safe  panes 
with  supporting  structure  and  skin  panels  similar 
to  those  of  the  Phase  I  design. 

Details  of  the  window'  are  shown  in  Fig.  3-40. 
and  the  window  and  test  fixture  assembly  by 
Fig.  3-41.  The  original  window  panes  w'ore 
designed  as  chemically-tempered  glass  with  a 
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Figure  3-37.  Wing  Spar  —  Ultimate  Load  Test 


test  substitution  of  full-tempered  soda-lime  glass 
for  the  outer  failsafe  pane.  The  latest  design 
for  the  passenger  cabin  windows  (See  Airframe 
Design  Report  —  Part  B,  V2-B2707-6-2)  uses  a 
chemically  tempered  primary  pressure  pane  with 
a  fully  tempered  soda-lime  failsafe  pane.  The 
glass  combination  for  the  units  tested  are  identical 
with  present  design. 

All  testing  was  conducted  at  room  temperature. 

For  the  exposure  temperatures  of  the  window 
unit,  the  coefficient  of  thermal  expansion  of 
glass  and  titanium  are  approximate^  the  same. 
Therefore,  relative  elevated  temperature  con¬ 
ditions  can  be  simulated  with  room  temperature 
testing. 


3. 3.2. 1  Ultimate  Load  and  Fail-Safe  Tests 
The  ultimate  load  and  fail-safe  tests  were  con¬ 
ducted  per  the  test  outline  given  in  the  following 
sections.  In  the  fail-safe  tests  the  primary 
pressure  pane  was  mechanically  fractured  such 
that  the  design  pressure  loading  of  12  psi  was 
dynamically  imposed  on  the  fail-safe  pane.  Tests 
simulate  both  small  and  large  object  damage. 

The  required  pressure  differential  across  the 
primary  pressure  pane  was  verified  by  measure¬ 
ment  of  pressure  between  the  window  panes. 

There  was  no  significant  increase  in  the  pressure 
between  the  window  panes .  The  same  outer  fail¬ 
safe  panel  was  used  for  the  damage  tests  and  the 
later  fatigue  tests .  An  ultimate  pressure  loading 
of  36  psi  (3-  factor  pressure)  was  applied  to  the 


V2-B2707 -9 


73 


Figure  3-38.  Corrugated  Web  Rib 
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primary  prcs-unt  |>:int' without  incident.  IT.ieturt 
ol  the  1 1  rt  in :  1 1  \  pressure  panes  tor  small  :nnl 
In  rge  object  damage  :irr  shown  in  Tigs.  l~T2  anil 

Hie  .small  ol»ici  t  damage  testing  was  an  •  ■mpllshcd 
as  I  allows 

a.  Pressurize  test  box  to  12  psig  and  main¬ 
tain  pressure  lor  five  minutes, 

b  Instantannnisls  tail  pitman  pressure  pane 

c.  Maintain  pressure  on  fnll-snfe  pane  for 
two  hours 

d  lnerense  pressure  on  fail-safe  pane  to 
2  1  psig  (2-faetors  pressure)  tind  maintain  pressure 
for  one  minute. 

e  Remove  pressure  and  inspect  window  for 
damage. 

The  ultimate  load  and  large  object  damage 
testing  procedures  were  as  follows 

a  Pressurize  test  Ixjx  to  Uti  psig  with 
primary  pressure  pane  intact  and  maintain 
pressure  for  five  minutes. 

I).  deduce  pressure  to  12  psig  and  maintain 
pressure  for  five  minutes. 

<■  Instantaneoush  tail  primun  pressure  pUne 

d  Maintain  pressure  on  fail-safe  pane  for 
one-hall  Imu r, 

c.  Increase  pressure  on  fail-safe  pane  to 
2  I  psi  (2  factors  pressure)  and  maintain  pressure 
for  one  minute 

i  Remove  pressure  and  inspect  for  damage. 

:i.  :s.  2. 2  Fatigue  and  l  ltimate  Strength  Tests 
Fatigue  tests  have  l>een  conducted  on  the  passenger 
cabin  window  unit  containing  a  damaged  primary 
pressure  pane.  In  the  first  test  a  scratch 
representative'  ol  readily  detectable  damage  was 
installed  on  the  inner  surface  of  die  primary 
pressure  pane  and  the  window  unit  was  subjected 
to  l.d'ii  pres  .litre  eye  les  at  12  psig  maximum 
pressure  without  incident  To  represent  a  severe 
surface  damage  condition,  a  second  scratch 
approximate! v  three  times  the  depUl  of  the  first 
was  installed  and  an  additional  l.nfui  pressure 


cycles  were  applied  An  additional  tent  wiim 
conducted  in  which  the  scratch  was  on  the  outer 
surfac  e  of  die  primary  pressure  pane  This 
scratch  was  of  die  severe  tv|s'  and  nppro\lirntel\ 
twice  the  length  of  those  of  die  first  two  tents 
An  additional  1 .  pressure  cycles  were  ii|ipl led 
without  Incident  The-  surface  scratches  lor  die 
three  conditions  tested  are  shown  in  Fig.  i  II. 
After  completion  of  the  cyclic  load  tests  an 
ultimate  load  test  was  conducted  on  die  damaged 
(Mine-  The  damaged  window  pane-  lulled  at  the 
ultimate  design  pressure  loading  of  .Tfi  psig 

,'i  .1.2  Siimmari  I’nsscngcr  Cabin  Window  Tests 
Test  results  me  shown  in  the  following  paragraphs 

a  A  :t  fac  tor  design  ultimate  load  was 
sustained  without  failure. 

b  Fail-safe  tests  for  ix»th  small  and  large1 
object  damage-  were  satisfaetorally  accomplished 

c  Fatigue  tests  on  n  deeply  scratched  pane 
were  conducted  without  incident 

d  Follow  on  tc-st  demonstrated  die  scratch 
damaged  pane  good  for  ultimate  design  load. 

The  ultimate  load,  fail  -safe,  and  fatigue  tests 
substandate  that  the  window  design  meets  the 
design  objectives  of  die  passenger  cabin  windows 
(See  Airframe  Design  Report —  Part  (' 

Struc  tural  Crite  ria  \’2-lt2707  -7  )  The 
damaged  primary  pane  fntigue  tests  far  exceeded 
expectation.  The  number  of  pressure  cycles 
applied  was  considerably  greater  than  normal 
operating  service  would  require  for  window  panes 
nt:  severely  damaged  as  those  of  die  test  part 

.7  :i..T  Fuselage  Fail-Safe — Flat  Panels 
Three  tests  were  conduc  ted  on  a  panel  representa¬ 
tive  of  upper  fuselage  structure  to  e'.aluate  the 
crack  growth  characteristics  of  light-gngc  structure 
under  various  fatigue  damage  c  onditions  Future- 
tests  are  planned  to  verify  body  fail-safe  design 
criteria . 

Hie  panel  2.7-in  wide,  had  five  formed  hat 
section  stiffeners  riveted  at  .7  in.  spacit.g.  Skin 
and  stiffeners  were  made  of  o  17  gage  Ti  (>-  i 
Condition  I  Two  additional  panels  are  living 
fabricated  for  further  verific  ation  of  fuselage 
struc  ture  These  panels  are  .'id-in.  wide  widi 
seven  formed  hat  section  stiffeners  riveted  nt 
7-in.  spacing  to  n.  n.|u  gngc  IT  h-t  Condition  I 
material 
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Figure  3-42.  Small  Object  Damage 
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Figure  3-43.  Large  Object  Damage 
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Figure  3-44.  Surface  Damage  for  Fatigue  Tests 
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The  2.'i  in.  panel  was  cycled  with  an  initial  saweut 
to  produce  a  fatigue  crack.  Strain  gage  readings 
and  crack  growth  data  were  taken  during  crack 
extension  Alter  obtaining  the  required  data,  the 
panel  was  repaired  and  another  test  was  conducted. 

The  crack  growth  histories  of  the  panel  tests 
are  shown  by  Fig.  : :  —1  .T .  In  the  first  test  the 
panel  was  cycled  at  a  maximum  gross  area  stress 
of  35  ksi  until  an  initial  saweut  in  the  skin  only. 

One  t  i  nt  k  tip  grew  into  a  fastener  hole  at  the 
adjacent  stiflcner  The  other  crack  tip  extended 
between  fasteners  to  the  centerline  of  the  fasteners. 
At  this  point  the  crack  was  arrested  with  no 
additional  growth  occurring  for  26  cycles.  Test¬ 
ing  was  discontinued  at  this  time  and  the  panel  was 
repaired  for  additional  testing. 

The  second  test  was  conducted  with  an  initial 
saweut  in  the  skin  and  a  completely  severed 
stiffener.  The  i  rack  length  was  extended  from 
1  15  in.  to  1 1 .  1.3  in.  in  100  cycles  at  a  maximum 
gross  area  stress  of  40  ksi.  Crack  growth  did 
not  become  unstable  during  the  extension.  When 
the  crack  was  8.  ,‘15-in.  long,  a  38  ksi  static 
loading  produced  no  evidence  of  crack  extension. 

The  leftside  crack  tip  ran  into  a  fastener  hole 
at  the  adjacent  stringer  at  93  cycles  and  did  not 
resume  growth  during  the  remainder  of  the  test. 

The  righthand  end  of  the  crack  grew  between  the 
fastener  at  the  adjacent  stringer  and  began  to 
grow  at  an  increasing  rr.lt  .  The  test  was  stopped 
and  the  panel  was  repaired  for  the  next  test  in 
which  only  the  attached  flange  of  the  stiffener  was 
cut  in  addition  to  the  skin  saweut.  After  1,500 
cycles  at  in  ksi  maximum  gross  area  stress  the 
damaged  stringer  failed,  producing  approximately 
0.35  in  of  additional  crack  growth.  The  crack 
was  extended  by  fatigue  cycling  to  a  length  of  18 
in.  without  unstable  growth,  at  which  time  the 
leftside  crack  tip  had  grown  into  a  fastener  hole 
at  a  stringer.  The  rightside  exhibited  slow  crack 
growth  when  a  10-ksi  static  load  level  was  applied. 
With  this  indication  of  unstable  growth,  testing 
was  discontinued.  Figure  3-46  shows  the  final 
crack  configuration  of  the  third  test  conducted  on 
the  panel .  The  crack  growth  rate  histories  shown 
in  t  ig.  3—1 1  are  based  on  the  stress  intensity 
factoi  method.  Modifications  have  been  made  to 
thv’  Uavk '  rnfanUby  irttBiipt  to  niiuuht  lex 

stiffener  effects  These  curves  indicate  that  by 
using  the  stress  intensity  concept,  reasonable 
predictions  can  be  made  for  growth  rates  and 
remaining  life  of  damaged  structure. 

3.3.  1  Fuselage  Full-Scale  Fail-Safe  Test 


3.3.4.  1  Program  Objectives 
The  purpose  of  this  program  is  to  evaluate  and 
develop  fail-safe  design  parameters  using  a  full- 
scale  test  section  representative  of  actual  fuselage 
structure.  Results  of  the  initial  testing  are  incor¬ 
porated  into  structural  designs  for  verification 
testing. 

The  skin  panel  bounded  by  the  stringers  and 
frames  of  a  frame- reinforced  stiffened  cylinder 
will  bulge  outward  when  subjected  to  internal 
pressure.  In  addition,  there  is  curvature  of  the 
stringer  in  the  longitudinal  direction  resulting 
from  the  restraint  provided  bv  the  frames.  The 
resultant  strains  associated  with  these  differences 
in  deflection  affect  the  crack  growth  of  the 
specimen.  Existing  technology  does  not  provide 
analytical  means  for  reliable  scaling  of  geometry, 
pressure,  and  crack  propagation  characteristics. 
To  obtain  reliable  crack  growth  and  ultimate 
fracture  strength  data,  it  is  necessary  to  test 
full-scale  sections  which  allow  use  of  actual 
operating  stress  levels. 

3.3.42  Description  of  Test  Specimens 
The  test  section  shown  in  Fig.  1-1  has  a  radius 
of  63.  5  in.  and  is  107  in  in  length.  The  skin- 
stringer  panels  are  attached  to  frames  spaced 
at  19  in.  The  section  is  constructed  so  that  two 
panel  sections  may  be  removed  and  replaced 
The  removable  section  has  been  incorporated  into 
the  design  so  that  various  configurations  of  skin 
and  stringer  panels  and  tear  stopper  designs  may 
be  tested.  The  permanent  section  is  Ti  8-1-1  DA 
skin  and  stringers.  Stringer  to  frame  connections 
are  accomplished  by  various  types  of  clips  as 
well  as  direct  frame  to  stringer  attachments. 

The  different  type  of  frame  connections  were 
used  to  obtain  evaluation  data  on  methods  of 
attachment. 

The  removable  panel  test  section  configurations 
are  shown  in  Figs.  .3-48  through  3-50.  The  first 
test  panel  had  0, 045  Ti  8-1-1  DA  skin  spotwelded 
to  zee  and  hat  section  stringers.  The  second 
panel  had  0.  025  fail-safe  straps  spotwelded  on 
0.032  Ti  8-1-1  DA  skin.  The  stringers  were  zee 
sections  spaced  at  4.7  in.  The  third  panel  was 
a  composite  panel  having  0.050,  0.060,  and  0.032 

Ti  8-1-1  da  akiu  Tlhc  I)  o,t2  ftl'injparrl  hndo  iKLs 
and  0.  032  gage  fail-safe  straps.  This  panel  had 
hat  section  stringers  spaced  at  approximately  5.5 
in.  All  panels  were  representative  of  actual 
fuselage  structure. 
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Figure  3-45.  Crack  Growth  History 
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Figure  3-46.  Test  Panel  Final  Crack  Configuration 


3.3  4.3  Testing  Procedure  and  Results 
Initial  room  temperature  crack  growth  tests 
have  been  conducted  on  panels  with  and  without 
fail-safe  tear  straps.  Elevated  temperature 
tests  will  be  conducted  during  the  verification 
test  program. 

The  effects  of  solution  environments  have  been 
investigated  by  conducting  tests  with  the  test  area 
of  the  panel  submerged  in  tap  water  and  submerged 
in  a  3-1/2  percent  NaCl  solution.  Puncture  tests 
have  been  conducted  to  simulate  instantaneous 
structural  damage.  An  outline  of  tests  conducted 


on  each  panel  is  given  in  Table  3-H  with  the  types 
of  test  shown  in  Fig.  3-51. 

In  the  crack  growth  tests  a  starter  crack  is 
installed  in  the  panel  and  the  test  section  is  cycled 
at  12-psi  maximum  pressure  to  produce  fatigue 
crack  growth.  Rubber  seals  are  installed  inside 
the  section  in  the  region  of  the  crack  to  retain 
the  internal  pressure .  Strain  gage  data  and  crack 
growth  measurements  are  recorded  periodically 
during  crack  extension.  Upon  completion  of  each 
test,  the  damaged  area  is  repaired  before  con- 
conducting  the  next  test. 
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Figura  3-47.  Crack  Growth  Rata  Data 


For  the  puncture  test,  the  section  Is  pressurized 
to  12  pslg  and  after  the  pressure  has  stabilized, 
a  12-in  wide  steel  blade  Is  fired  at  the  section  to 
produce  instantaneous  damage.  Pressure  is 
maintained  on  the  test  section  to  prevent  sudden 
decrease  in  pressurization  with  penetration  of 
the  blade 

Crack  growth  histories  of  tests  conducted  on 
Panel  I  are  shown  in  Fig.  3-52.  In  the  first  test 
a  6-in.  longitudinal  crack  was  cut  in  the  skin 
midway  between  adjacent  stringers  and  between 
the  center  frames.  Crack  growth  data  was 
obtained  while  the  crack  was  extended  to  a  total 
length  of  37  9  in.  At  this  point  rapid  growth 
seemed  imminent  with  12  psig  internal  pressure; 
however,  the  panel  sustained  5  pel  for  10  minutes 
without  noticeable  growth.  Final  crack  length  is 
shown  in  Fig  3-53. 

The  second  test  investigated  the  effect  of  cracks 
along  a  row  of  fasteners  at  a  skin  splice.  An 
initial  sawcut  7  in.  in  length  was  installed  along 
the  edge  of  the  first  row  of  spotwelds  at  the  skin 


splice.  After  1,118  cycles  has  produced  only 
negligible  crack  growth,  additional  sawcuts  were 
installed  off  both  ends  of  the  Initial  sawcuts. 

(Fig.  3-51).  At  1,  85n  cycles  two  more  saw- 
cuts  were  installed  off  the  ends  of  the  existing 
cuts  extending  the  damage  length  to  17.7  in 
After  4,  055  cycles  the  initial  7-in.  sawcut  had 
propagated  to  a  length  of  8.0  in.  and  no  growth 
had  occurred  at  the  other  sawcuts  and  testing 
was  discontinued. 


The  third  test  was  initiated  with  an  8-in.  sawcut 
along  the  spotwelds  at  a  stringer.  After  650  cycles 
two  1 . 5-in.  sawcuts  were  installed  off  the  ends  of 
the  Initial  cut.  (Fig.  3-51).  At  1,200  cycles 
the  initial  8-in  crack  had  extended  to  9. 4  in. 
with  no  indication  of  growth  from  the  added  end 
cracks.  At  this  time  each  of  the  end  cracks  were 
lengthened  to  3  in.  In  the  next  11  cycles  the 
cracK  propagated  into  a  single  crack  18.  75  in. 
long.  Additional  cycling  caused  the  crack  tips 
to  begin  centering  themselves  between  the 
stringers,  producing  a  situation  similar  to 
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Figure  3-50.  Fail-Safe  Test  Panel  -  III 
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Tabl»3-H.  T'ltOutlin • 


Panel 

Test 

No. 

Skin  Gage  and  Material 

Type  Te  t 

l  ear  St  rap 

1 

0.045  T18-1-1  Du.  Anneal 

Crack  Growth  -  Center  J  .u  l 

None 

1 

2 

0.045  T18-1-1  Du.  Anneal 

Crack  Growth  -  Spotweld  Skin  Splice 

None 

3 

0.045  T18-1-1  Lu.  Anneal 

Crack  Growth  -  Stringer  Attachment 

None 

1 

0.032  T18-1-1  Du.  Anneal 

Crack  Growth  -  Center  Pant  1 

3  x  0.  025 

2 

0.032  T18-1-1  Du.  Anneal 

Crack  Growth  -  Either  Side  of  Strap 

3  x  0.  025 

3 

0.032  T18-1-1  Du.  Anneal 

Crack  Growth  -  At  Strap 

3  x  0. 025 

4 

0.032  T18-1-1  Du.  Anneal 

Puncture  -  Center  Panel 

3  x  0. 025 

2 

5 

0.032  T18-1-1  Du.  Anneal 

Puncture  -  Cut  Stringer 

3  x  0. 025 

(i 

0.032  T18-1-1  Du.  Anneal 

Puncture  -  Cut  Frame  and  Stringer 

3  x  0.  025 

7 

0.032  T18-1-1  Du.  Anneal 

Puncture  -  Double  Cut 

3  x  0.  025 

8 

0.032  T18-1-1  Du.  Anneal 

Crack  Grow  th  -  Center  Panel 

3  x  0.  025 

9 

0.032  T18-1-1  Du.  Anneal 

Crack  Growth  -  Center  Panel 

.3  x  0.  025 

10 

0.032  T18-1-1  Du.  Anneal 

Crack  Growth  -  Failed  Strap 

3  x  0. 025 

1 

0.032  T18-1-1  Du.  Anneal 

Crack  Growth  -  Center  Panel 

3  x  0. 025 

2 

0.032  T18-1-1  Du.  Anneal 

Crack  Growth  -  Center  Panel 

3  x  0. 025 

3 

O.OfiO  T18-1-1  Du.  Anneal 

Crack  Growth  -  Center  Panel 

None 

3 

4 

0.050  T18-1-1  Du.  Anneal 

Crack  Grow  th  -  Center  Panel 

None 

5 

0.032  T18-1-1  Du.  Anneal 

Crack  Grow  th  -  Strap  Edge 

3  x  0.  025 

0 

0.032  T18-1-1  Du.  Anneal 

Crack  Grow  th  -  Bolted  Skin  Splice 

3  x  0.  025  fi  0.  035 

7 

0,050  T18-1-1  Du.  Anneal 

Puncture  -  Center  Panel 

None 

3  A 

i 

0.032  Tlti-4  Cond.  I 

Crack  Growth  -  Strap  Edge 

Dual  1 .  15  x  o.  025 

2 

0.032  Tlfi-4  Cond.  I 

Crack  Growth  -  Strap  Edge 

Daul  1 .  15  x  o.  035 

Test  Configuration  shown  in  Figure  3-51 


All  tests  eonducted  in  air  except  as  follows: 

Test  fi  Panel  2  conducted  with  water  environment. 

Test  7  Panel  2  conducted  with  3.5','  NaCl  solution  environment 
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Figaro  3-52.  Crack  Growth  History  -  Panol  I 
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Figure  3-53.  Cracked  Section  of  Test  Panel 


that  of  the  first  test  and  testing  was  discontinued 
at  a  crack  length  of  20.  3  in.  These  tests  indicate 
that  cracks  along  a  row  of  spotwelds  are  a  less 
severe  condition  than  cracks  propagating  in  the 
middle  of  a  stringer  panel . 

Crack  growth  histories  of  tests  conducted  on 
Panel  2  are  shown  in  Figs.  3-54  and  3-55.  The 
first  test  demonstrated  the  effectiveness  of  the 
tear  strap  design.  A  crack  in  the  center  of  a 
skin  panel  was  propagated  into  the  adjacent  tear 
straps  which  arrested  the  crack  growth. 

The  second  test  had  an  initial  sawcut  on  either 
side  of  a  tear  strap.  The  cracks  were  extended 


by  pressure  cycling  to  a  length  of  6.  9  and  10.  8 
in.  in  approximately  3,  000  cycles.  The  crack 
tips  on  either  side  of  the  tear  straps  extended 
toward  each  other  to  approximately  the  center- 
line  of  the  strap- skin  spotwelds  and  were 
arrested  at  this  point.  The  cracks  were  then 
extended  by  sawcutting  to  the  adjacent  tear  straps 
and  strain  measurements  were  obtained  for  a 
crack  extended  two  frame  bays .  Strain  gage 
measurements  indicated  that  at  12  psig  the  0.025 
x  3-in.  tear  strap  would  be  marginal  for  the 
estimated  fatigue  cycles  required  to  extend  the 
crack  to  the  adjacent  tear  straps. 
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Conducted  nlmultancnual y  with  the  aecond  tent 
wu  •  test  In  whl>  h  sawcuts  In  the  akin 
approximate!  v  b  *>  -  In  Ion#  were  InaUlled  at  the 
edge  of  two  adiaicnt  npotweldn  at  a  tear  atrip 
local  loti  (Fig.  .1- i-l)  After  J  .  Iliitl  cvcle.s  prii<luce<l 
no  growth  from  etther  t  ruck  one  t  ruck  was 
extended  to  1.2  m.  At  2.9,M>  rtclen  there  wan  no 
es  Itlt  nee  o|  ciack  growth  and  the  teat  wan 
til ac  nitlnuetl. 

Four  puncture  tea  la  were  conducted  on  the  o.  0:12 
gage  panel  for  damage  mmblnatlona  shown  In 
Fig.  3-fil.  Damage  in  all  caaen  huh  confined  to 
the  puncture  area  In  the  Initial  teat,  nn  11 -In 
wide  blade  was  used  Ihe  remainder  of  the  tests 
were  conducted  with  n  12-ln  wide  blade  to  ensure 
that  damage  would  not  lie  less  than  12  In  long 
Tvplcal  damnge  la  shown  In  F  ig.  d-Ob. 

Teats  were  nlao  conducted  on  the  arcontl  panel 
to  determine  the  effect  of  tnp  water  nnd  of  d-1/2 
percent  NnCI  aolutlon  on  crack  growth  The 
truck  growth  histories  arc  shown  in  Fig  d-d 
Fig  1  .77  compares  tin-  crack  growth  for  emi- 
ronmenla  of  air.  tup  water,  und  ll-l  2  percent 
NaCl  solution  after  the  crack  for  each  condition 
haa  obtained  lengths  of  7  and  10  in  Fatigue 
cratk  initiation  from  the  starter  cut  was  obtained 
l»y  pleasure  cycling  the  test  section  in  air  All 
aiklltional  crack  extension  testing  was  conducted 
with  the  exterior  surface  of  the  test  area  sub¬ 
merged  in  the  test  I  up  id  Two  types  of  pressure 
cycles  were  used  for  crack  extension:  cycling  at 
the  normal  rate  ol  approximately  six  cycles  per 
minute  und  cycling  so  Unit  the  maximum  pressure 
was  held  for  five  minutes  In  addition,  for  the 
't- 1  /2  NaCl  solution  test  the  maximum  pressure 
was  maintained  for  27  min  at  selected  crack 
lengths.  The  three  methods  were  found  to  produce 
equivalent  crack  growth  per  cycle.  The  2.">  min 
at  maximum  pressure  produced  no  evidence  of 
crack  extension  due  to  time  at  load.  The  crack 
growth  rates  of  tests  conducted  in  air,  water,  and 
.1-1/2  NaCl  solution  are  shown  by  Fig.  I! -.Is.  It 
is  evident  that  the  three  environments  produced 
equivalent  track  growth  rates. 

The  next  test  evaluated  crack  growth  with  a 
severed  fail -sale  strap.  A  six-in.  sawcut  was 
centered  between  stringers  at  a  frame  station, 
completely  cutting  the  fail-safe  strap.  Crack 
extension  up  to  lb.  .')  in.  was  inadvertently  con¬ 
ducted  at  id  psig.  The  remainder  of  the  ‘.est 
was  conducted  using  12-psig  maximum  pressure, 
When  the  crack  had  reached  26  in. ,  the 


application  of  a  constant  pressure  loading  ol  12 
psig  produced  crack  extension  I'm  li  end  ol  tie 
crack  extended  and  was  arrested  l>\  tin-  tear 
straps  After  the  c  riu  k  had  Ix-en  arrested  at 
tile  straps,  the  maximum  pressure  loading  was 
maintained  for  several  minutes  with  no  notiei  able 
lm  rense  in  crack  length  Final  trail  imiftguin 
tfon  is  shown  In  1  ig.  d-  ■'*  with  the  t  rail  growth 
history  in  Fig.  li  >7. 

Crack  growth  histories  of  tests  i  nndin  ted  on 
Ihmcl  Hare  shown  in  Figs.  :i  -mi  .md  i-i  I  Six 
crock  growth  tests  and  one  punetun  test  were 
conducted  on  this  panel 

'IVo  center  panel  crack  growth  tests  w«  re  t  on 
ducted  on  the  0  o.'12-in  skin  panels  om  with 
0  0.12  teat  straps  nnd  one  with  o  uj  ,  uni  straps 
The  crack  .vns  arrested  at  the  tear  straps  in 
l)oth  tests 

A  crock  growth  lest  wan  condui  ted  in  tin  o  oiin 
gage  skin  without  tear  straps  using  an  x-m 
starter  crack  centered  indween  the  stringers  nnd 
the  frames.  After  boo  cycles  the  crack  was 
extended  by  saw-cutting  to  I  I  in.  Sustained  time 
at  maximum  pressure  was  used  in  addition  to 
normal  cycling.  Although  the  growth  during  tlu 
extended  time  cycle  was  greater  than  thnt  produced 
in  a  normal  pressure  cyc  le,  it  stabilized  in  a 
period  of  seconds  after  maximum  pressure  was 
applied.  No  indication  of  unstable  growth  occurred 
during  the  propagation  of  the  crack  to  a  length  of 
34  in.  and  the  test  was  stopped. 

A  crack  growth  test  was  conducted  in  the  o  o  >o 
gage  skin  withoi  t  tear  straps.  After  obtaining 
initial  crack  growth  data  .  the  crack  was  sawcut 
to  approximately  13  in.  during  the  remainder  of 
this  test,  several  hold  cycles  at  maximum 
pressure  were  applied.  Crack  stabilization  was 
obtained  for  each  hold  cycle  until  reaching  a 
crack  length  of  29.  6  in.  At  this  c  rack  length, 
maintaining  maximum  pressure  produced  a  slow 
growing,  unstable  crack  and  the  test  was  stopped 

The  fifth  test  was  conducted  by  installing  a  (>- in 
sawcut  in  an  0.  032  gage  skin  panel  with  its 
center  5  in.  from  the  tear  strap.  A  combination 
of  normal  and  extended  time  pressure  cycles  at 
12  psig  maximum  were  applied  in  extending  the 
crack  to  the  adjacent  tear  straps.  The  crack 
growth  rate  decreased  to  ().()l-in.  per  cycle  and 
the  crack  was  considered  to  be  arrested,  so  the 
test  was  discontinued. 
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Figure  3-56.  Puncture  Damage 


The  sixth  test  involved  a  series  of  cracks  at  the 
first  row  of  fasteners  in  the  longitudinal  splice  of 
the  0.  032  skin.  After  the  application  of  1,200 
pressure  cycles  produced  no  evidence  of  growth 
from  any  of  the  cracks,  the  center  crack  was  ex¬ 
tended  from  3.  9  in.  to  6. 3  in.  An  additional  900 
pressure  cycles  produced  no  evidence  of  growth 
from  any  of  the  cracks  and  the  test  was  stopped . 

An  instantaneous  damage  test  was  conducted  on 
the  0.  050  gage  skin  without  tear  straps.  The 
12-in.  blade  punctured  the  skin  between  stringers 
and  frame  locations .  Damage  was  confined  to  the 
puncture  area. 


The  third  test  panel  was  modified  to  evaluate  a 
dual  tear  strap  configuration  shown  in  Fig.  3-62. 
Two  crack  growth  tests  were  conducted  in  the 
0.032  gage  skin.  Figure  3-63  shows  the  crack 
growth  histories.  The  dual  straps  involved  in 
one  test  were  riveted  to  the  skin,  while  the  dual 
straps  in  the  other  test  were  riveted  and  bonded. 

In  each  test  a  starter  crack  was  installed  in  the 
skin  with  one  tip  located  about  1/2  in.  from  the 
edge  of  one  of  the  dual  tear  straps.  Crack  growth 
was  arrested  by  the  riveted  and  bonded  tear  straps 
as  the  crack  tips  propagated  just  past  the  edge  of 
the  first  tear  straps.  For  the  riveted  only  straps, 
crack  growth  was  arrested  when  the  crack  tips 
extended  beyond  the  centerline  of  the  fasteners. 
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CRACK  LENGTH  2a,  IN. 


3 »  0.025  TEAR  STRAPS 


0.032  SKIN 


FUSELAGE  TEST  PANEL 
RADIUS  63.5 

MAXIMUM  CYCLIC  PRESSURE  12  psig 


WATER 


t  STR 

t  STR 


EDGE  OF 


TEAR  STRAPS 


AIR  — i  / 

I  1/ 


I 

/© 


/© 

AIR 


© 

1 3-1/2  %  SALT  SOLUTION 


„  / 


■3-1  2  >  SALT  SOLN 


WATER- 


AIR  WATER  3-1/2%  NaCl  SOLN 


CYCLES  PRIOR  TO  7  INCH  CRACK  LENGTH 
(REF.  FIGURE  3-55  ) 

235 

2,230 

3,280 

INITIAL  STARTER  CRACK 

6  IN. 

4  IN. 

4  IN. 

FOR  3-1/2  %  SALT  SOLUTION  TEST  THE  MAXIMUM  PRESSURE  WAS 
MAINTAINED  FOR  25  MINUTES  WITH  CRACK  LENGTHS  OF: 

8.13 

8.19 

9.86 

11.59 

12.63 

O  GROWTH  AFTER  CYCLING  AT  6  CYCLES  PER  MINUTE 
□  GROWTH  AFTER  5  MINUTES  AT  MAXIMUM  PRESSURE  CYCLE 


200  300  400  5G0  600 

PRESSURE  CYCLES  AFTER  OBTAINING  INDICATED  CRACK  LENGTH 

Flgur e  3- 57.  Crack  Growth  History  -  Environment  Teste 
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Figure  3-58.  Crack  Growth  Fata  Data  -  Environment  Testa 


Crack  growth  data  of  the  three  center  panel  cracks 
In  Ti  8-1-1  0. 032  gage  skin  have  been  compared. 
The  crack  growth  histories  of  these  tests  are 
shown  in  Fig.  3-64.  Crack  growth  rate  versus 
stress  field  intensity  factor  is  shown  in  Fig.  3-65 
Good  growth  rate  correlation  is  obtained  using 
the  stress  intensity  factor  approach.  The  growth 
rate  curve  was  based  on  test  crack  lengths  and 
the  measured  skin  stress  distribution  shown  in 
Fig.  3-66.  The  difference  in  the  number  of 
pressure  cycles  required  to  obtain  a  given  crack 
length  for  Crack  A  and  Crack  C  is  attributed  to 
variations  of  material  properties  and  nor-  .al 
test  scatter.  The  more  rapid  growth  of  Crack  B 
is  attributed  to  the  higher  skin  streps  level  m 
this  test  area  as  shown  in  Fig.  .3-66. 

The  test  results  from  the  first  three  panels  hf.  /e 
been  used  to  design  a  fail-safe  verification  test 
panel  as  shown  in  Fig.  3-67.  The  tests  to  be 
conducted  on  this  panel  are  shown  in  .  ib'.  3-68. 
Crack  growth  tests  will  be  conducted  at  room  and 
elevated  temperatures  to  verify  par  cl  fail-safe 
design  for  llg’’i-gage  structure  with  dual  tear 
straps  and  heavier  gage  struc*  re  without  tear 
straps .  Testing  will  include  instantaneous 
damage  tests . 

Test  results  have  demonstrated  that  fail-safe 
straps  can  be  Uoed  effectively  to  arrest  cracks 
in  light-gage  titanium  fueelage  structure.  It 
was  further  demcnetrated  that  in  light-gage 


structure  with  tear  straps,  the  crack  would 
propagate  slowly  between  arrestor  straps  with 
no  indication  that  a  crack  would  extend  across  a 
tear  strap  into  the  next  panel.  In  heavier  gage 
structure  without  fail-safe  straps,  it  has  been 
demonstrated  that  the  number  of  cycles  required 
to  extend  the  crack  to  a  critir. !  length  is  ample 
A  allow  detection  by  inspection. 

3. 3. 5  Cab  Section  verification  Hardware  Test 

3.3.5  i  Program  Objectives 
Tfc.  Durposa  of  the  test  program  is  to  determine 
the  effect  oi  in  ernal  pressure  loading,  tempera¬ 
ture,  and  combine  1  temperature  and  internal 
pressure  loading  on  the  windshield  and  structure 
of  the  full-scale  c'-ew  ^  Department  of  the  B-2707 
(Hg  3-69).  Tests  will  also  be  conducted  to 
demonstrat )  the  fatigue  life  :.nd  fail-safe  character- 
tics  of  the  cr  jw  compartment  and  to  demonstrate 
the  biro  strike  resistance  of  the  crew  compartment 
windshields  and  supporting  structure. 

In  addition  to  the  structural  testing,  the  crew  com¬ 
portment  cab  will  be  utilized  in  environmental 
control  studies  to  determine  cooling  air  flow  rates 
and  paths. 

3.  3.  5. 2  Description  of  Test  Article 

The  test  article  consists  of  a  crew  compartmei  i 

similar  to  lhat  proposed  for  thr  airplane  an^ 
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Figure  3-59.  Cracked  Section  of  Test  Panel 


includes  all  of  the  structure  and  windows  above 
the  floor  from  the  forward  pressure  bulkhead  to 
approximately  27  in.  aft  of  the  windows.  The 
basic  structural  material  used  throughout  the  test 
cab  is  Ti  6A1-4V.  The  upper  cab  is  mounted  on 
a  simplified  lower  lobe  constructed  of  stainless 
steel  and  the  entire  section  is  cantilever  supported 
from  its  aft  end.  Strain  gages,  deflection  gages, 
and  thermocouples  will  be  employed  throughout 
the  cab  to  monitor  stress,  deflection,  and  tem¬ 
perature  at  critical  points . 


3. 3. 5.  3  Test  Program 

a.  Thermal  and  Proof  Pressure  Test 
The  windows  and  external  surfaces  of  the  test 
specimen  will  be  heated  to  the  appropriate  tem¬ 
peratures  and  proof  pressure  tested  to  16.68  psig 
in  increments  of  4,  8,  12,  and  16. 68  psig.  Stress 
and  deflection  will  be  recorded  and  the  effects 
on  structure  observed  at  each  pressure 
increment. 
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CRACK  LENGTH.  2a,  IN. 
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12  ps.g  MAXIMUM  PRESSURE 
MAINTAINED  FOR  10  MINUTES 

-  £  SPOTWELDS  AT  TEAR  STRAP 


12  psig  MAXIMUM  PRESSURE 
MAINTAINED  FOR  8  MINUTES 
(NO  UNSTABLE  GROWTH) 


3  x  0.025  TEAR  STRAPS 


3  x  1035  TEAR  STRAPS 


FUSELAGE  TEST  PANEL 
RADIUS  *63.5 

MAXIMUM  CYCLIC  PRESSURE  12  psig 


CRACK  LENGTH.  2a,  IN. 
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FUSELAGE  TEST  PANEL 
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BY  SAWCUTTING  I  ^ 
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NO  GROWTH 
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2,100  CYCLES; 
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PRESSURE  CYCLES 


Figure  3-61.  Crack  Growth  History  -  Panal  III 
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EXISTING  TEST  SECTION 
PANEL  3 


■  0.025  Tl  6-4  ANN  (COND  I) 


TEAR  STRAP  BONDED  TO  SKIN 
ZZJ  IN  ADDITION  TO  RIVETED  ATTACHMENT 


Figurt  342.  Dual  Strap  Panal  Configuration 
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FUSELAGE  TEST  PANEL 

RADIUS  =  53.5  ,  • 

MAXIMUM  CYCLIC  PRESSURE  =  12  pt'g 


CRACK  EXTENSION  ACCOMPLISHED  BY  PRESSURE  CYCLING  AT 
APPROXIMATELY  5  CPM  ANO  BY  MAINTAINING  MAXIMUM 
PRESSURE  FOR  SEVERAL  MINUTES 


500  1,000  1,500  2,000 

PRESSURE  CYCLES 

Figur a  3-63.  Crack  Growth  History  -  Dual  Strap  Tati  Pantl 
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CRACK  LENGTH,  2a,  IN. 


CRACK  **C' 


CRACK  ~B' 


FUSELAGE  TEST  PANEL 
RADIUS*  63.5 

MAXIMUM  CYCLIC  PRESSURE  =  12  psig 


TEAR  STRAPS 


CRACK  "A"  -  PANEL  NO.  2  TEST  NO.  1  REF  FIG.  3-55 
CRACK  “B”  -  PANEL  NO.  3  TEST  NO.  1  REF  FIG.  3-60 1 
CRACK  “C"  -  F  ANEL  NO.  3  TEST  NO.  2  REF  FIG.  3-60 1 


PRESSURE  CYCLES 

Figura  344.  Crack  Growth  History  -  .032  Gaga  Tast  Panalt 
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Figurt  3-65.  Crack  Growth  Rato  Data  -  .032  Gog#  Tost  Panols 
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b.  Cyclic  Pressure  Test 

The  crew  compartment  will  be  pressure  cycled  at 
room  temperature  from  0  to  11. 12  psig  with  in¬ 
spections  scheduled  at  the  end  of  500  cycles, 

1,500  cycles,  2,500  cycles,  and  every  2, 500  cycles 
thereafter.  Stress  and  deflection  will  be  recorded 
at  every  500  cycles  and  the  effects  on  structure 
observed  during  each  inspection  layup. 

c.  Room  Temperature  Pressure  Test 
The  crew  compartment  will  be  pressure  tested 
at  room  temperature  to  25  psig  in  increments  of 
5,  10,  15.  20,  23,  and  25  psig.  Stress  and  de¬ 
flection  will  be  recorded  and  the  effects  on  struc¬ 
ture  observed  at  each  pressure  increment. 

d.  Thermal  and  Static  Pressure  Test 
The  compartment  will  be  pressurized  to  11. 12 
psi  and  heat  applied  to  structure  and  window 
surfaces  to  200°F,  300°F,  400°F,  450°F,  and 
530°F  on  five  successive  runs.  The  200°F,  300°F, 
and  400° F  temperatures  will  be  maintained  2  hr 
each,  the  450°F  temperature  will  be  maintained 
45  min  and  the  530°  F  temperature  maintained  for 
one  min.  Stress,  deflection, and  temperature  will 
be  recorded  and  the  effects  on  structure  observed. 

e.  Thermal  and  Fail-Safe  Window  Test 

To  simulate  a  window-out  condition,  the  outer 
pane  of  the  left  forward  side  window  will  be  re¬ 
moved  and  the  crew  compartment  pressurized  to 


11, 12  psig  (Fig.  3-69).  Heat  will  be  applied  to  the 
structure  and  window  surfaces  to  200°  F,  300°  F, 
400°  F,  and  450°  F  on  four  successive  test  runs 
and  temperature  maintained  for  30  min  at  each 
temperature.  Stress,  deflection,  and  temperature 
distribution  will  be  recorded  and  the  effects  on 
structure  observed.  The  outer  pane  will  be  replaced 
and  the  main  pressure  pane  bypassed  permitting  the 
11.  12  psig  pressure  to  be  carried  by  the  outer 
pane.  Heat  will  be  applied  in  the  same  manner 
listed  above.  The  above  two  tests  will  be  re¬ 
peated  for  the  left  aft  side  window.  Similar  fail¬ 
safe  tests  will  be  conducted  for  the  left  forward 
windshield  except  the  temperature  runs  will  be 
2  hr  at  200°F,  300°F,  and  400°F,  45  min  at 
450°F  and  one  min  at  530°F. 

To  simulate  a  visor-off  condition,  the  crew  com¬ 
partment  will  be  pressurized  to  11. 12  psi  and 
heat  will  be  applied  to  the  left  forward  windshield 
to  200°F  and  300°F  for  2  hr,  400°F  for  5  min, 
and  530°F  for  1  min  on  4  successive  runs.  Stress, 
deflection,  and  temperature  will  be  recorded  and 
effects  on  the  structure  observed. 

f.  Bird  Strike  Tests 

The  left  forward  windshield  will  be  tested  for 
bird-strike  resistance  with  the  windshield  heating 
off  and  with  the  effects  of  the  maximum  thermal 
environment.  The  outside  surface  of  the  crew 
compartment  will  be  heated  to  450°F  and  the 
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RADIUS  615 

MAXIMUM  PRESSURE-12  psig 


\  FRAME ; 


STRESS 

MEASUREMENTS 
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interior  cab  air  temperature  maintained  at  TOT. 
The  outer  window  will  have  an  outer  and  inner 
surface  temperature  of  330T.  The  inner  window 
will  have  an  outer  surface  temperature  of  150°F 
and  an  inner  surface  temperature  of  llf>°F.  The 
windshield  assembly  will  be  struck  by  freshly 
killed  four  pound  birds  with  an  impact  velocity 
of  4f)t)  mph.  The  impact  areas  will  be  the  center 
and  upper  outboard  corner  of  the  windshield  with 
two  strikes  in  each  area.  High-speed  movies  will 
be  taken  of  the  bird  impact. 

3.4  EMPFNNAGE  TESTS 
Two  box  structures  representative  of  skin- 
stringer  construction  and  honeycomb  panel  con¬ 
struction  were  subjected  to  mechanical  and 


thermal  loads.  The  primary  concern  was  accu¬ 
rate  determination  of  surface  buckling  which 
could  result  in  aerodynamic  drag  penalties.  The 
tests  and  specimens  are  described  in  the  follow¬ 
ing  paragraphs. 

3.4.1  Thermal  Buckling  Test  of  Skin-Stringer 
Box 

Because  of  the  detrimental  effects  of  surla*. 
buckles  and  waviness  on  aerodynamic  drag,  a 
structural  box  was  designed  to  study  the  effect 
of  heat  on  the  structural  response  of  typical 
lightweight  titanium  skin  stringer  structure. 

The  box  has  been  tested  extensively  in  support  of 
analytical  techniques  for  predicting  surface  wavi¬ 
ness.  Methods  of  analysis  have  evolved  which 
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Figure  3-68.  Verification  Te»t  Outline 


allow  accurate  determination  of  the  buckling 
stresses,  the  buckling  temperatures,  and  the 
surface  waviness  of  conventionally  stiffened 
titanium  skin  panels.  The  variables  that  can  be 
accounted  for  are  skin  thickness,  skin  area, 
stringer  area,  stringer  spacing,  rib  area,  rib 
spacing,  rib  stiffness,  shear  tie  spacing,  shear 
tie  stiffness,  externally  applied  uniaxial  or  bi¬ 
axial  stresses  and  temperature  differences  be¬ 
tween  skin  and  stringer  or  skin  and  rib.  Charts 
have  been  constructed  which  show  those  combi¬ 
nations  of  these  parameters  that  are  required 
for  either  no  budding  or  a  calculated  degree  of 
buckling.  The  derivation  of  the  theory  and  cor¬ 
relation  with  test  results  are  explained  in  detail 

jgTnrTni,~mw— » ns  iniiii  nun  th 

3.4. 1.  1  Description  of  Test  Box  and  Test 
Procedure 

The  test  box  (Fig.  3-70)  was  80  in.  long,  30  in. 
wide  and  9  in.  deep.  The  upper  and  lower  surface 
panels  were  designed  to  be  representative  of  the 
type  and  size  of  construction  intended  for  the  outer 
portion  of  the  empennage  and  wing  surfaces  where 
the  end  loading  is  approximately  7, 000  lb/in. 
Subassemblies  (Ti  8-1-1)  were  fastened  by  diffu¬ 
sion  spotwelds  and  final  assemblies  were  bolted 


with  close  tolerance  steel  bolts  in  Class  1  holes 
The  upper  panel  was  stiffened  with  0.  050  in. 
stringer  at  3.0  in.  spacing.  The  skin  material 
was  chem-milled  from  a  basic  o.  120  sheet  to 
0.030  in.  thickness  between  the  stringers.  The 
lower  panel  was  a  constant  thickness  0. 064 
sheet  stiffened  by  0.  060  stringers  at  3.  90  in. 
spacing.  The  ribs  had  conventionally  stiffened 
webs  and  were  spaced  at  18.0  in. 

The  surface  panels  were  subjected  to  compressive 
end  loads  by  applying  bending  moments  to  the  box 
through  extensions.  Direct  transverse  loads  were 
also  applied.  Heat  was  applied  by  radiant  lamps 
programmed  to  follow  rates  which  simulated 
normal  supersonic  flight  conditions.  The  panels 
were  forced  into  buckling  patterns  by  several  com¬ 
binations  of  longitudinal  and  transverse  loads  and 
several  combinations  of  longitudinal  loads  and 
heat  cycles  During  the  heat  cycles  surface  wavi¬ 
ness,  stress,  and  temperature  W'  re  recorded 
continuously  against  a  time  scale  Figure  3-71 
shows  the  lower  surface  under  a  compression 
loading  of  2,  600  lbs /in.  and  the  instrument  used 
for  recording  surface  waviness.  The  effect  of 
disconnecting  all  but  the  end  shear  tie  between 
each  rib  and  skin  was  examined  and  found  to  reduce 
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Figure  3-70.  Thermal  Buckling  Box 


the  restraint  of  the  ribs  on  the  expansion  of  the 
the  skin  by  approximately  45  percent  at  the  upper 
surface  and  23  percent  at  the  lower  surface  as 
indicated  by  both  measured  and  calculated  stress 
levels  in  the  rib  chords.  The  effect  of  internal 
pressure  up  to  4  psi  on  the  buckling  patterns  was 
found  to  be  negligible. 

The  following  analytical  techniques  were  derived 
for  predicting  the  surface  waviness. 

a.  Calculation  of  the  temperature  distribu¬ 
tion  using  the  Boeing  Thermal  Analyzer  Program, 
Ref.  3. 


b.  Calculation  of  the  thermal  stress  distri¬ 
bution. 

c.  Calculation  of  the  buckling  stresses. 

d.  Calculation  of  the  buckling  temperature. 

e.  Calculation  of  the  surface  waviness  on  the 
basis  that  a  temperature  increase  above  the  buck¬ 
ling  temperature  produces  an  elongation  in  the 
panel  that  causes  a  sine  wave  buckle  shape. 
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Figure  3-71.  Thermal  Box  Vest  Setup 


Each  of  these  steps  was  correlated  to  the  corre¬ 
sponding  test  result  so  that  the  theory  used  could 
be  amended  for  closer  agreement.  Adjustment 
to  the  theory  was  fou-d  to  be  necessary  in  the 
following  areas. 

a.  The  calculation  of  transverse  stresses 
had  to  be  corrected  empirically  for  the  additional 
flexibility  of  the  shear  tie  joints. 

b.  The  calculation  of  the  axial  buckling 
stresses  had  to  be  based  on  buckling  coefficients 
derived  from  this  and  previous  tests.  The  as¬ 
sumption  of  a  simply  supported  edge  condition  was 
overly  conservative. 


c.  The  calculation  of  biaxial  buckling  stresses 
had  to  be  based  on  an  interaction  buckling  curve  de¬ 
rived  from  the  test  program. 

Figure  3-72  shows  the  correlation  between  the 
amended  theory  and  the  test  results  for  one  of  the 
test  conditions . 

3.4.2  Thermal  Buckling  Honeycomb  Panel 
A  light-weight  honeycomb  panel  has  undergone  ex¬ 
tensive  testing  for  surface  waviness  under  a 
variety  of  environmental  conditions .  The  results 
indicate  a  decided  surface  smoothness  advantage 
over  skin-stringer  construction.  Normal  methods 
of  calculating  panel  deflection  under  thermal 


V2-B2707-9 


110 


SURFACE  WAVINESSys/b  TEMPERATURE,°F 


TIME,  MIN. 

Figure  3*72.  Correlation  of  Theory  and  Te»t  —  Skin-Stringer  Panel 
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gradients  and  t>  ansverse  pressures  were  found  to 
be  accurate  and  in  the  case  of  in-plane  load  condi¬ 
tions  these  were  conservative  except  where  local 
buckling  developed. 

3.4.2. 1  Description  of  Honeycomb  Panel  and  Test 
Procedure 

The  honeycomb  panel  was  mounted  on  the  thermal 
buckling  box  in  place  of  the  upper  stringer  panel. 
The  core  material  was  3/4  in.  thick  HRH  324 
tapered  to  zero  thickness  at  the  spar  and  rib  loca¬ 
tions.  The  outside  skin  was  0.050  titanium  8-1-1 
sheet  chem-milled  down  in  two  steps  to  0.021  at 
full  core  depth.  The  inner  skin  was  3-ply  polyi- 
mide  fiber  glass  reinforced  in  steps  to  6-ply  where 
it  met  the  outer  skin.  The  panel  (Fig.  3-73) 


carried  strain  gages  and  thermocouples  so  that 
stress  and  temperature  distribution  could  be 
measured. 

The  panel  was  tested  in  the  same  manner  as  the 
skin  and  stringer  panels.  Fig.  3-74  shows  the 
panel  being  tested  under  the  radiant  heat  lamps . 

Initial  tests  revealed  that  local  distortion  took 
place  at  the  panel  edges .  This  was  attributed 
primarily  to  lack  of  flexural  stiffness  in  the  panel 
edges  and  insufficient  torsional  stiffness  in  die 
rib  chords .  As  it  is  intended  that  this  type  of 
panel  will  be  used  in  conjunction  with  corrugated 
ribs ,  the  rib  chords  and  web  stiffeners  of  the  test 
box  were  replaced  by  more  rigid  members 


Figure  3-73.  Honeycomb  T»st  Pan*l 
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Figure  3-74.  Radiant  Heat  Test  of  Honeycomb  Panel 


calculated  to  give  thd  same  torsional  stiffness  at 
the  panel  connections  as  would  be  obtained  from 
a  corrugated  rib.  In  addition  thin  titanium 
doublers  were  added  to  the  inner  surfaces  of  the 
tapered  edges  of  the  panels. 

Improvements  in  buckling  load  capability  were 
obtained  as  a  result  of  the  reinforcement.  Local 
buckling  however  was  not  prevented  along  the 
spar- chord  edges  under  transverse  loads,  and  the 
maximum  stress  level  obtained  at  the  center  of 
the  panel  under  transverse  loads  prior  to  local 
buckling  was  approximately  45,  000  psi.  Local 
buckling  occurred  at  the  one  critical  rib  location 
and  the  maximum  stress  level  obtained  at  the 
panel  center  under  longitudinal  loads  was  approxi¬ 
mately  65,  000  psi.  Considerable  data  was  col¬ 


lected  before  the  final  test,  on  panel  deflection, 
stresses,  and  temperatures  under  varying  com¬ 
binations  of  longitudinal  load,  transverse  load, 
internal  pressure,  and  heat.  It  was  noted  that 
thermal  deflection  was  prevented  at  high  longi¬ 
tudinal  loads  when  the  loads  preceded  the  thermal 
gradient  but  not  if  the  thermal  gradient  preceded 
the  load. 

Figure  3-75  shows  the  temperatures  and  surface 
waviness  measured  for  one  of  the  test  conditions 
compared  with  those  measured  on  a  stringer 
panel  for  comparable  load  conditions.  The 
superiority  of  the  honeycomb  panel  over  the 
skin-stringer  panel  with  respect  to  surface  wavi¬ 
ness  is  clearly  indicated. 
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::  Empennage  Test  Structure 
A  large  assembly  representing  empennage  structure 
is  being  fabrii  a  led  for  testing  in  late  1966.  It  con¬ 
sists  of  a  solid  honeycomb  core  leading  edge,  cor¬ 
rugated  ribs  supporting  honeycomb  surface  panels 
and  a  primary  box.  The  box  is  fitted  with  a  honey¬ 
comb  panel  spliced  to  a  skin  stringer  panel  at 
mid-spar.  The  purpose  of  this  test  program  is  to 
examine  the  response  of  the  individual  panels  as 
an  assembly  when  subjected  to  biaxial  in-plane 
loads,  surface  pressures,  and  heat  typical  of 
normal  and  design  flight  conditions.  The  honey¬ 
comb  panels  have  been  designed  to  exhibit  general 
buckling  in  place  of  the  local  buckling  which  oc¬ 
curred  in  previous  tests.  Figure  It -7 6  shows  a 
sketch  of  the  assembly.  Document  D6A1023.r)-l 
(ltd.  1)  shows  the  design  loads  and  stress  analysis 
of  the  assembly. 

3.5  PROPULSION  POD  TESTS 

:i.  5.  1  Centerbody  Pressure  Test 
In  the  process  of  an  orderly  development  of  the 
variable-geometry  engine  inlet  system,  a  pro¬ 
gram  was  initiated  to  design,  fabricate, and  test 
a  complete,  full-size,  expandable  inlet  center- 
bodv.  The  centerbody  was  fabricated  of  annealed 
Ti  6A1-JV  to  demonstrate  manufacturing  capability 
and  to  properl v  assess  the  effects  of  structural 
deflections  under  load  on  the  inlet  performance. 

The  centerbodv  design  was  sized  from  an  earlier 
ai  rplanc  contigu  ration,  having  a  local  inlet  Mach 
number  of  2.  55. 


Fabrication  of  the  centerbody  and  its  pressure 
tank  facility  have  been  completed  and  the  initial 
test  is  imminent.  Testing  will  be  conducted  in  a 
specially  constructed  pressure  tank.  The  tank  is 
divided  into  three  compartments  to  permit  simul¬ 
taneous  application  of  different  pressures  which 
simulate  the  varying  pressure  loadings  on  the  en¬ 
gine  centerbody  resulting  from  aerodynamic 
shock  waves  within  the  engine  inlet.  Tests  will 
be  conducted  at  both  room  temperature  and  550 0  F, 
utilizing  preheated  air.  The  test  program  will 
encompass  seal  leakage,  seal  wear,  measurement 
of  structural  deflections,  and  evaluation  of  load 
distributions  within  the  centerbody  structure. 

Test  conditions  will  cover  the  entire  airp'enc 
Mach  number  range. 

Test  results  from  this  program  will  be  utilized  to 
assess  the  performance  of  the  centerbody  seal 
design  and  the  ability  of  the  seals  to  sustain  re¬ 
peated  cycling  without  excessive  wear  or  struc¬ 
tural  failure.  Strain  gage  data  will  permit  evalu¬ 
ation  of  structural  load  paths  and  optimization  of 
material  distribution.  Deflection  data  will  be 
used  to  adjust  configuration  contours  for  optimum 
inlet  performance.  Test  results  will  be  applied 
to  the  design  of  the  full-scale  inlet  test  program 
scheduled  for  the  Advanced  Engineering  Drawing 
Change  Propulsion  Wind  Tunnel  facility  during 
Phase  III. 
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3  6  FATIGUE  TESTS 

This  program  has  been  conducted  to  provide  an 
accurate  assessment  of  the  fatigue  quality  of  the 
various  titanium  structures  for  the  B-2707.  Data 
from  these  tests  have  been  used  to  establish  fa¬ 
tigue  design  criteria  that  will  provide  the  extend¬ 
ed  service  life  necessary  on  the  B-2707.  Data 
are  presented  for  simple  coupon  tests  through 
large  scale  specimen  tests  and  for  basic  struc¬ 
ture  through  complex  joints.  A  general  assess¬ 
ment  shows  the  Ti  6A1-4V  alloy  to  be  adequate 
for  the  50,000-hr  service  life  requirement  so 
long  ns  close  attention  is  given  to  the  detail 
design  and  assembly  methods. 

3.  6.  1  Summary 

This  section  presents  a  summarization  of  results 
for  the  titanium  fatigue  test  programs  conducted 
in  support  of  the  design.  Those  programs  which 
were  completed  or  in  work  are  described.  De¬ 
sign  criteria  ami  finalized  S-N  curves  are  pre¬ 
sented  in  Section  5  of  V2-B2707-li-2.  Additional 
development  fatigue  test  data  is  presented  in  the 
Materials  and  Process,  Document  V2-B2707-8. 

3.6.2  Wing  Structure  Fatigue  Tests 

3. 6.  2.1  Full-Scale  Tests 

A  program  of  fatigue  tests  of  full-scale  segments 
of  wing  structural  configurations  Ib  in  work. 

These  tests  are  used  to  evaluate  variables  such  as 
structural  geometry,  materials,  fastening  tech¬ 
niques,  and  load  and  temperature  effects.  The 
test  results  provide  data  on  the  suitability  of 
structural  concepts  and  are  the  basis  for  estab¬ 
lishing  initial  S-N  curves  for  fatigue  analysis. 

VI  test  panels  arc  cither  Ti  s-l-l  or  Ti  6A1-1V 
all  'vS  and  as  large  as  possible  commensurate  with 
desired  test  stress  levels  and  test  machine  capa¬ 
bility  This  large  size  enables  a  more  realistic 
representation  ol  actual  structural  behavior  to  be 
achieved  man  can  be  realized  from  simple  speci¬ 
men  testing.  A  basic  wing  skin  stiffener  test 
panel  is  shown  in  Fig.  3-77.  This  configuration 
has  a  width  of  l.r>-in.  ,  0.  125  skin  and  three  zee 
section  stiffeners.  Figure  3 -7s  shows  a  spot- 
u  elded  panel  with  a  0.375  thick  skin  and  two  zee 
sutleners.  The  latiguc  life  of  spanwlse  splices 
w  in  investigated  with  the  configuration  shown  in 
Hg.  3-7  9  An  access  door  panel  Ib  In  work  to 
evaluate  initial  design  concepts.  This  configur¬ 
ation  is  shown  in  Fig.  3-M).  Two  stiffener  run¬ 
out  panels,  containing  foci  different  runout  de¬ 
signs,  are  In  fabrication.  Figure  3 -H 1  shows  the 


primary  details.  To  provide  initial  design  data 
on  the  effects  of  local  chordwise  loads  on  basic 
wing  structure,  two  panels  of  the  configuration 
shown  in  Fig.  3-82  are  being  fabricated.  Both 
panels  will  be  tested  with  the  same  spanwise  load, 
but  only  one  will  have  the  chordwise  load. 

The  panels  tested  to  date  have  all  been  at  room 
temperature  with  constant  amplitude  loadings. 
Extension  of  the  program  will  includ<  elevated 
temperature  and  spectrum  loading,  in  addition 
most  panels  will  be  subjected  to  a  thermal  soak  at 
500°  F  prior  to  testing. 

The  test  results  to  date,  and  the  panels  currently 
in  fabrication  or  ready  for  test,  are  summarized 
in  Table  3-J. 

3.  6.  2.  2  Small  Specimens 

A  large  number  of  tests  have  been  conducted  with 
representative  specimens  of  the  wing  and  stringer 
basic  structure  configuration.  The  specimen' 
shown  in  Fig.  3-83  i3  composed  of  two  strips 
connected  with  fasteners  or  spotwelds.  One  of 
the  members  is  narrower  than  the  other  in  the 
test  section  and  represents  the  stringer  skin 
attachment  leg  of  a  skin-stringer  basic  wing 
structure.  Although  producing  somewhat  longer 
life  than  the  large  specimen  described  in  Par. 

3.6.  2.  1,  this  configuration  provides  good 
correlation  with  large  scale  specimens  at  a  much 
reduced  cost  and  is  used  in  establishing  e?sign 
criteria  and  configuration.  The  specimens  are 
tested  in  a  Itiehle-Ixjs  or  similar  test  machines 
(Fig.  3-84)  at  both  elevated  temperatures  and 
room  temperature.  A  large  number  of  these 
specimens  have  been  used  to  evaluate  the  effeelN 
of  many  variables  on  fatigue  performance,  in¬ 
cluding  fastener  types  and  installation,  materials 
and  finishes.  Test  results  are  presented  in 
Figs.  3-85  through  .3-91  and  Tallies  3-K  and 
3-1..  Additional  baseline  -peciim.is  tt2m  are 
being  tested  as  a  part  of  a  program  in  .vork  and 
will  be  used  to  optimize  the  structure  ati  ngi  - 
ment,  fasteners,  fastener  installation,  testing 
methods,  and  exposure  effects.  Test  data 
available  from  this  program  is  presented  in 
Figs.  3-92  through  3-94.  other  data  pertinent 
to  fastener  selection  is  shown  in  1  igs.  3-97 
3-9'i.  and  3-97.  and  summarizes  the  pcrloim- 
ance  of  various  fastening  methods.  These  data 
show  the  squeezed  fastener  to  be  superior  to 
all  other  methods  tested.  Hie  data  shown  i  >r 
pad  attachments  and  simulated  skin  fracture 
(Figs,  i  -90  and  3-97)  also  illustrate  the  ma|or 


V2-B2707 -9 


Figure  3-77.  Wing  Skin  and  Stiffener  Panel 
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Figure  3-78.  Spofntlded  Wing  Panel 
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Figur e  3-79.  Spotwelded  Wing  Spanwise  Splice  Panel 
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SECTION  A-A 


SECTION  B-B 


Fiqui  •  3S2.  Flap  Track  Attachment  Fatigue  Test  Panel 
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problem  with  spotwelded  structure,  and,  the 
greatly  reduced  fatigue  life  from  any  transfer 
of  load.  Although  many  attempts  were  made  to 
overcome  this  reduction  in  fatigue  life  through 
process  variations,  coining,  and  peening,  no 
satisfactory  solution  was  found.  Data  on  small 
specimen  tests  conducted  during  this  investiga¬ 
tion  will  be  found  in  Par.  3.  6. 4. 

Earlier  testing  with  a  similar  specimen  was  used 
for  evaluating  spotwelding  processes  and  spot- 
weld  stress  relief  methods.  This  specimen  con¬ 
sisted  of  two  identical  pieces,  both  continuous  for 
the  full  length  of  the  specimen  and,  connected  with 
twelve  spotwelds  spaced  along  the  specimen  length 
as  shown  in  Fig.  3-98. 

More  than  100  of  these  inline  spotwelded  speci¬ 
mens  were  tested.  Variables  included  sheet 
thickness,  grain  direction,  spotweld  spacing, 
spotweld  treatment,  and  processing.  Typical 
results  are  shown  in  Table  3-M  and  illustrate  the 
large  variation  in  fatigue  life  that  was  obtained 
with  various  spotwelding  processes. 

3.G.3  Fuselage  Structure  Fatigue  Tests 

3.  0.  3.  1  Full-Scale  Specimens 
A  program  of  fatigue  tests  of  full-scale  segments 
of  fuselage  structural  configurations  is  in  work. 
The  variables  being  evaluated  and  usage  of  test 
results  are  analogous  to  those  for  the  wing  pro¬ 
gram  discussed  in  Far.  3.  6.  2. 1. 


The  test  specimens  which  represent  the  fuselage 
basic  panel  design  utilized  two  hat  section  stiffen¬ 
ers  attached  to  a  skin  panel.  Design  details,  such 
as  fail-safe  straps,  are  included  as  required  to 
represent  the  design.  The  earlier  panels  utilized 
spotw elding  for  the  attachments  and  later  panels 
use  mechanical  fasteners.  A  panel  typical  of  the 
spotwelded  specimens  with  tear  straps  is  shown 
in  Fig.  3-99.  The  short  fatigue  life  of  this  type 
of  panel  compared  to  the  similar  panels  without 
tear  straps  led  to  the  design  of  a  panel  having  a 
bonded  and  riveted  tear-strap  and  a  riveted  dual 
tear  strap.  Panel  configurations  similar  to  the 
above  but  incorporating  a  joint  will  evaluate  var¬ 
ious  methods  of  splicing  the  skin  and  stiffeners 
at  the  midspan  of  the  panel.  Splice  designs  being 
investigated  include  a  minimum  cost  panel  with  no 
pad-up  in  the  joint,  a  panel  with  chem-milled  pad 
-up,  and  a  panel  with  tapered  doubler  utilized  to 
reduce  basic  stress  levels  at  the  joint.  This 
program  includes  panels  with  elevated  tempera¬ 
ture  exposure  prior  to  the  room  temperature 
fatigue  testing  and  will  be  extended  to  include 
elevated  temperature  and  spectrum  load  testing. 

The  results  of  completed  tests  are  summarized 
in  Table  3-N. 

3,6,3,  2  Small  Specimens 

A  number  of  small  specimens  were  tested  to  aid 
development  of  fuselage  design  details.  The  re¬ 
sults  are  summarized  in  Table  3-P  and  Figs. 
3-100  and  3-101.  Information  from  these  tests 
has  been  incorporated  into  the  full-scale  speci¬ 
mens  shown  in  the  previous  paragraphs. 
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Figure  3-84.  Baseline  Fatigue  Specimen  in  Test  Machine 
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Figure  3-97.  Rivatad  and  Spotwaldad  Pad  Attachmant  Fatigua  Data 
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Figure  3-99.  SpotwelJed  Fuselage  Panel  With  Tear  Straps 
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Table  3-N.  Fuselage  Structure  Full  Scale  Fatigue  Tests 


Configuration 

Material 

0.  040  Skin,  Hat 

Section  Stiffeners 
Joggled  Over  Tear 
Straps 

8-1-1 

0.050  Skin,  Hat 

Section  Stiffeners 

8-1-1 

0.040  Skin,  Hat 

Section  Stiffeners 
Joggled  Over  Dual 
and  Bonded-Riveted 
Tear  Straps 

6-4 

Skin  and  Stiffener 
Splices: 

No  Pad 

6-4 

Chem-Milled  Pad 

6-4 

Tapered  Doubler 

6-4 

Pretest 

Exposure 


Stress  KSI 


Spotwelds 


Spotwelds 


Driven 
A-286  Rivets 


Squeezed 
A-286  Rivets 


Squeezed 
A-286  Rivets 
and  Taper- 
Loks 


60  3.6 


60  3.6 


500 

500 

500 

500 

500 

500 

500 

500 

Cycles 
to  First 
Crack 


5,300 


31,000 


54,000 


25,000 


In  Work 


In  Work 


In  Work 


In  Work 


Y2-B2707-9 


Takla  3‘P.  Futalaga  Structure  Small  Spaclman  Tattt 


Configuration 

Material 

Fasteners 

Pre-Test 

Exposure 

Stress  KSI 

Cycles 
to  First 
Crack 

°  F 

Hr 

f 

max 

*mln 

Tapered  Doubler 
for  Stress 

Reduction 

T16A1-4V 

A-286  Rivets 
(Driven) 

50 

3.  0 

40,000 

40 

2.4 

107,000 

50 

3.0 

64,000 

40 

2.4 

222,000 

A-286  Rivets 
(Squeezed) 

In  Work 

In  Work 

In  Work 

57  Skin  Joints. 

Many  Configurations 

T18-1-1 

Hi-Lok8  or 
Taper  Loks 

— 

— 

See  Fig.  3-100 

84  Tear  Strap  to 

Skin  Specimens 

Ti8-1-1 

Spotwelds, 
Rivets,  or 
Bonding 

“  — — 

See  Fig.  3-101 

Five  bolted  and  spotwelded  stiffener-to-frame 
shear  tie  designs  were  evaluated  as  shown  in  Fig. 
3-102.  The  Type  E  chosen  for  the  airplane  design 
develops  many  times  the  life  of  those  used  on 
existing  airplanes  (Type  B  and  C). 

3.6.4  Fatigue  Tests  -  General 
Fatigue  tests  of  relatively  small  specimens  have 
been  used  to  evaluate  design  parameters  and  pro¬ 
cesses.  These  tests  determine  the  effects  of 
variations  in  hole  preparation  methods,  process¬ 
es,  materials,  finishes,  and  environments.  Also, 
test  methods  are  evaluated  with  these  specimens 
prior  to  testing  the  larger  and  more  expensive 
fatigue  specimens.  Many  hundreds  of  these  speci¬ 
mens  have  been  tested  at  room  and  elevated  tem¬ 
peratures  both  with  and  without  prior  temperature 
exposure.  Tests  were  conducted  in  SF-10-U, 
Riehle-Los,  Losenhausen,  and  Research  Incor¬ 
porated  Fatigue  testing  machines.  A  typical  test 
setup  is  shown  in  Fig.  3-103. 

3. 6. 4.1  Simple  Coupon  Tests 
The  specimens  are  conventional  notched  and  un¬ 
notched,  butt  fusion  welded,  and  other  single 
element  coupons.  It  is  difficult  to  provide  accur¬ 
ate  interpretation  of  the  data  and  only  general 
assessments  are  presented  with  the  data.  The 
program  to  evaluate  the  effects  of  various  hole 


preparation  techniques  on  fatigue  life  is  summar¬ 
ized  in  Table  3-Q.  Holes  were  prepared  by  drill¬ 
ing,  reaming,  broaching,  and  cold  working. 
Specimens  with  and  without  fasteners  in  the  holes 
were  tested  at  room  temperatures  at  a  stress 
ratio  of  0.06.  These  tests  showed  an  improve¬ 
ment  in  fatigue  life  for  broached  holes  over 
reamed  holes  with  rivets  in  the  holes. 

Table  3-R  shows  the  results  of  a  test  program 
designed  to  evaluate  the  effects  of  introducing 
compressive  stresses  around  the  hole  of  a  Ti 
8-1-1  center  notched  specimen.  The  compressive 
stresses  were  introduced  by  means  of  impact 
coining.  This  coining  operation  consists  of  using 
a  ring  die  which  is  impacted  by  dropping  a  10-lb 
hammer  from  various  heights.  The  impact  treat¬ 
ments  were  made  to  both  sides  of  all  specimens. 
Some  specimens  were  exposed  to  elevated  tem¬ 
perature  for  various  lengths  of  time  prior  to 
testing  to  evaluate  the  effect  this  environment  has 
on  reducing  the  compressive  stresses  induced  by 
the  impact  coining  operation.  All  testing  was 
conducted  at  room  temperature  at  R  =  0. 06.  The 
coined  specimens  showed  greater  fatigue  life  than 
the  uncoined  specimens  although  part  of  the  im¬ 
provement  was  lost  when  the  specimens  had  prior 
exposure  at  elevated  temperature.  The  uncoined 
specimens  with  bolts  installed  in  the  holes  ap¬ 
peared  better  than  any  of  the  coined  specimens. 
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Figure  3-100.  Joint  Fatigue  Life  Increase  by  Improved  Detail  Design 
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Figure  3-101.  Fatigu e  L  if*  Improvement  for  Body  T ear  Strap  to  Skin  Attachment 
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Figure  3-103.  Typical  Test  Setup 
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Table  3-0.  Effects  of  Ho/#  Preparation  on  Fatigue  Life 


Hole 

Preparation 


125  GAGE 


2515/.  2525 


2495/.  2505 


MATL:  8-1-1  Class  I _ 

—  ■  <  ■  GAGE  Close  Ream 

f  Class  I 


\  /  .  375  DIA 


Fastener 


None 


1/4  Std  Head 
A-280  Rivet 


1/4  Std  Head 
A-286  Rivet 


Taper-Lok 


100  in.  lb 


Max  Gross 
Stress. KSI 


Cycles  To 
Failure,  x  10~'^ 


None 

00 

Bolt  No  Torque 

00 

Bolt  Torque 

400  in  lb 

GO 

Bolt  Torque 

800  in  lb 

(»0 
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Table  3-R.  Effects  ol  Impact  Coining  on  Fatigue  Life 


Configuration 


MATL:  8-1-1 

.  090  GAGE 


f-  DIA 

5 

(CLOSE  REAM) 


Coining 

Fastener 

None 

None 

3/8  Dia  Die 

2  Ft  Drop 
(Both  Sides) 

None 

3/8  Dia  Die 

3  Ft  Drop 
(Both  Sides) 

None 

7/16  Dia  Die 

4  Ft  Drop 
(Both  Sides) 

None 

7/16  Dia  Die 

4  Ft  Drop 
(Both  Sides) 

Plus 

None 

.250  Dia  Drill 
Rod  Inserted  in 
Hole  During 
Coining  Operation 

Pretest 


Max  Gross  Cycles  To 


Stress. 


Failure, 
x  10~3 

39 

62 

131 

2,558(N.F.) 

21 

41 

95 

38 


19 

52 

61 

398 

385(Grip 

18 
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Table  5-S  shows  the  results  of  a  test  program 
conducted  on  Ti  s-1-1  to  evaluate  the  effect  of 
installing  the  hole  in  center-notched  specimens  by 
either  a  drilling  or  punching  operation.  The 
specimen  holes  were  installed  in  pairs  and  iden¬ 
tified  to  distinguish  the  top  and  bottom  plates  dur¬ 
ing  the  operation.  The  holes  were  not  reamed  or 
de-burred  and  some  of  the  specimens  were  tested 
with  fasteners  installed  in  the  holes.  All  testing 
was  conducted  at  room  temperature  and  at  an 
fi  =  0.06.  Preparation  of  holes  by  the  punching 
technique  is  satisfactory. 

A  program  was  conducted  on  8-1-1  to  evaluate  the 
performance  of  various  structural  pad-up  geo¬ 
metries.  A  csk  Hi-Lok  bolt  was  installed  in  each 
specimen  and  all  testing  was  conducted  at  room 
temperatures  and  using  an  R  of  0. 06.  The  results, 
shown  in  Table  3-T,  did  not  show  large  differences 
between  the  various  lengths  of  pads,  although  the 
padded  specimens  were  much  better  than  the  un¬ 
padded  ones. 

Center-notched  specimens  were  tested  to  evaluate 
the  effect  of  test  temperature  on  fatigue  life.  The 
test  results  are  plotted  in  Fig.  3-104  and  show 
somewhat  longer  fatigue  life  at  room  temperature 
for  the  higher  stress  levels  and  comparable  lives 
at  the  lower  stress  levels. 

Figures  3-105  and  3 -106  show  the  results  of  tests 
conducted  on  8-1-1  center-notched  specimens. 
These  tests  were  conducted  to  evaluate  the  fatigue 
life  of  notched  specimens  subjected  to  a  prior  ex¬ 
posure  of  elevated  temperature  and  stress.  Un¬ 
exposed  specimens  were  also  tested  to  develop  a 
basis  of  comparison.  The  prior  exposure  consis¬ 
ted  of  both  cyclic  and  steady-state  stress  (40  ksi) 
and  temperature  (500°  F  and  650°F)  for  periods  of 
2»onn,  5,ooo,  and  in, ooo  hours.  AH  tests  were 
conducted  at  an  R  of  0.  0G  and  at  room  temperature, 
500°  F.  and  650°  F.  The  effect  of  the  exposure 
did  not  appear  to  be  significant  for  this  type  of 
epecittiCTi.  The  fives  of  the  tspwc»7iwr.fe  ht'pic 
tested  at  elevated  temperature  were  less  than 
those  of  the  specimens  tested  at  room  tempera¬ 
ture. 

A  program  is  in  progress  to  evaluate  the  effect  of 
various  temperature  and  load  parameters  on  the 
fatigue  resistance  of  two  heat  treats  of  Ti  6A1-4V. 
Both  center-notched  and  riveted  doubler  speci¬ 
mens  are  used.  Specimens  are  exposed  to  a  load¬ 
ing  and  temperature  spectrum  derived  from  the 
flight  environment.  One  test  flight  takes  90  min. 


of  which  60  min  are  at  elevated  temperature. 
Specimens  are  subjected  to  this  environment  for 
10,000  flights  and  20,000  flights  and  then  fatigue 
tested  at  room  temperature.  The  results  are 
compared  with  those  of  unexposed  specimens. 
Other  specimens  are  continued  to  failure  under 
the  flight  loading.  Identical  specimens  are  tested 
to  evaluate  the  effects  of  various  means  of  reduc¬ 
ing  test  time.  The  same  loading  spectrum  was 
condensed  in  time  from  the  90  min  to  30  sec,  and 
specimens  tested  at  both  room  temperature  and 
500°F.  These  results  are  shown  for  center- 
notched  Ti  6A1-4V  mill-annealed  specimens  in 
Table  3-U.  Additional  specimens  of  the  same 
configuration  were  tested  with  R  =  0. 06  and  a 
maximum  stress  of  60  ksi  to  evaluate  loading  fre¬ 
quency  and  temperature  effects.  Results  are 
shown  in  Table  3-V.  Examination  of  the  results 
in  both  tables  shows  that  both  spectrum  life  and 
constant  amplitude  life  at  500°F  were  less  than 
that  at  room  temperature.  The  effects  due  to 
differences  in  loading  frequency  were  negligible 
and  less  than  the  scatter  in  test  results. 

Table  3-W  summarizes  a  test  program  conducted 
using  8-1-1  fusion-welded  specimens.  The  tests 
were  conducted  to  evaluate  the  fatigue  life  of 
fusion-welded  specimens  subjected  to  a  prior  ex¬ 
posure  of  elevated  temperature  and  stress.  The 
pretest  environment  is  the  same  as  that  previ¬ 
ously  described  in  Fig.  3-105  and  Fig.  3-106  less 
10, 000-hour  specimens.  Two  specimen  config¬ 
urations  were  employed  in  the  test  program:  butt- 
fusion  welded  specimens  with  the  weldment  trans¬ 
verse  to  the  direction  of  loading  and  in-line  iusion 
welded  specimens  with  the  weldment  parallel  to 
the  direction  of  loading.  All  tests  were  conducted 
at  an  R  of  0,06  and  at  room  temperature,  500°F, 
and  650°F.  There  was  no  pronounced  effect  due 
to  the  prior  exposure,  Thp  fatigue  lives  at  ele¬ 
vated  temperature  were  less  than  those  at  room 
temperature. 

ackhtiui.  to  tiitsv  wtldtu  specimens,  mort  ihai. 
100  small  butt-welded  specimens  have  been  fatigue 
tested.  The  large  number  of  variables  evaluated 
precludes  a  condensed  summarization  of  individ¬ 
ual  test  results.  The  primary  variables  and 
examples  of  each  are  as  follows: 

a.  Material  (Ti  8-1-1  mill  annealed,  duplex 
annealed  and  triplex  annealed,  Ti-6-6-2  solution, 
treated  and  aged). 

b.  Thickness  (.040  in.  to  1.00  in.) 
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CYCLES  TO  FAILURE 


Figure  3-104.  T# mparatura  Effact  on  Center  Notched  Fatigue  Ufa 
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MAXIMUM  GROSS  STRESS,  KSI 


Fiqur e  3-10 5.  5 00°F  Exposure  Effects  on  Center  Notched  Faiigut  Lilt 
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0 


0 


CYCLES  TO  FAILURE 

Figure  3*706.  650*F  Exposure  Effects  on  Center  Notched  Fatigue  Life 


Tabla  3-U.  Cantor  Notehad  Spaclman  Spectrum  LiU 


Tabla  3-V.  E (facts  of  Load  Frequency  on  Cantor  Notehad 
Specimen  a 


Maximum 

Gross 

Test 

Load 

Stress  , 

Cycles  To 

Temp  , 

°  F 

Frequency, 

CPS 

KSI 

(R=  0.06) 

Failure  , 
x  10“3 

70 

16.8 

24.9 

0.33 

60 

36.6 

500 

11.  7 

10.  8 

11.0 

70 

26.2 

42.0 

3.  3 

60 

15.5 

500 

10.  2 

9.9 

9.2 

70 

24.3 

27.  1 

33 

60 

42.6 

50o 

13.1 

10.6 

10.7 

c.  Weld  method  (T.I.G.  ,  electron  beam 
flash) . 

d.  Post-weld  treatment  (mechanical  and 
thermal  stress  relief). 

e.  Prior  exposure  (time  at  load  and  temper¬ 
ature). 

f.  Test  environment  (load  and  temperature). 

g.  Specimen  configuration  (transverse  and 
longitudinal  welds). 

3.6.4, 2  Simple  Fabricated  Specimen  Tests 
The  simple  fabricated  specimen  testb  are  essen¬ 
tially  an  extension  of  the  coupon  specimen  test  to 
include  the  effect  of  fastening  parameters  and  to 
provide  an  improved  evaluation  of  basic  structure 
and  joint  design. 

Spot  welded  double-strap  butt-joint  specimens 
were  used  to  evaluate  the  effects  of  prior  exposure, 
load,  time,  and  test  temperature.  Results  are 
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Tab/*  3-W.  Fution  W«id#d  Sp»clm»n  Fatigu •  T*if  Rttulft 


Pre-Test  Exposure 


Configuration 


MATL:  Ti  8-1-1 
GAGE:  040 
R  =  0.0G 


r^LONG.  FUSION 
WELD  =  L 


SS  =  STEADY 
STATE 

ENVIRONMENT 

CT  -  CYCLIC 
TENSION 
ENVIRONMENT 


SS 
SS 
SS 
CT 
CT 
CT 
SS 
SS 
SS 
CT 
CT 
CT 
SS 
SS 
SS  650 
SS  650 
SS  650 
SS  650 


Test 
Stress,!  Temp, 
KSI  *F 


Average 
Cycles  To 

Failure,  XI 9‘ 


2, 

2, 
2,000 
2,000 
2,000 
2,000 
2,000 
2,000 
2,000 
2,000 
2,000 
2,00p 
5,000 
5,000 
5,000 
5,000 
5,000 
5,000 


36.  2 
66.  5 
4.  0 
29.  0 
91.0 
10.2 
110.0 
64.0 
9.  0 
56.  5 
94.0 
3.  6 
22.  2 
104.0 
1.4 
53.0 


V2-B2707-9 


Tabla  3-W.  (Continual) 


Configuration 


Pre-Test  Exposure  Test 

Stress,  Temp> 
KSI  0  F 


R.  T. 

G50 

650 

R.  T. 

650 

650 

R.  T. 

650 

650 

R.  T. 

650 

650 

R.  T. 

500 

500 

500 

R.T. 

R.  T. 

R.T. 

500 

500 

500 

R.T. 

500 

500 

R.  T. 

500 

500 

R.T. 

650 

650 

R.T. 

650 

650 

R.T. 

500 

500 

R.T. 

500 

500 


Maximum 


Stress, 

KSI 


ss 

IS. I 

ss 

ss 

jjp  nfl 

2,000 

CT 

650 

2,000 

CT 

650 

2,000 

CT 

650 

2,000 

SS 

650 

2,000 

SS 

650 

2,000 

SS 

650 

2,000 

CT 

650 

2,000 

CT 

650 

2,000 

CT 

650 

2,000 

CT 

500 

5,000 

CT 

500 

5,000 

CT 

500 

5,000 

CT 

500 

5,000 

CT 

500 

5,000 

CT 

500 

5,000 

CT 

500 

5,000 

CT 

500 

5,000 

CT 

500 

5,000 

CT 

500 

5,000 

SS 

500 

5,000 

SS 

500 

5,000 

SS 

500 

5,000 

SS 

500 

5,000 

SS 

500 

5,000 

ss 

500 

5,000 

ss 

650 

5,000 

ss 

650 

5,000 

ss 

650 

5,000 

ss 

650 

5,000 

ss 

650 

5,000 

ss 

650 

5,000 

ss 

500 

5,000 

ss 

500 

5,000 

ss 

500 

5,000 

ss 

500 

5,000 

ss 

500 

5,000 

ss 

500 

5,000 

Avg.  Cycles 
To  Failure, 


20.  1 

1.7 
16.8 

150.4 
2.0 
27.  0 
:’>4.  8 
1.0 

15.4 
218.0 

5.7 
.40.2 

40. 1 

6.0 

18.0 
35.  9 
179.0 
108.0 

2,  490(N.  F.) 

48.8 
52.0 

5.0 

18.8 

6.3 

14.4 

41.2 
11.  5 

148.0 

7.0 

1.4 

6.3 

24.1 

1.4 

13.6 
62.0 

5.0 

11.2 
110.0 

11.4 

44.7 
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presented  for  92  specimens  in  Figs.  3-107  and 
3-108.  These  tests  show  only  minor  effects  from 
the  thermal  exposure. 

The  effect  of  sheet  gage  and  spot  spacing  on  the 
fatigue  life  of  arc  spotwelded  lap  joints  is  shown 
in  Fig.  3-109.  All  test  points  fall  within  a  fairly 
narrow  scatter  band. 

Fatigue  lives  of  spotwelded  lap  joints  having  dif¬ 
ferent  types  of  spotwelds  and  post-weld  treatments 
are  summarized  in  Table  3-X.  All  specimens 
were  tested  at  room  temperature  and  R  =  0.  0G 
Coining  of  the  spotwelds  had  no  apparent  effect. 
The  standard  spotwelded  specimens  with  post-weld 
treatment  had  better  lives  than  those  unexposed, 
but  may  have  been  due  to  configuration  and  gage 
differences. 


A  comparison  of  the  fatigue  lives  of  double-strap 
butt-joints  having  standard  spotwelds,  T.  I. G. 
spotwelds  and  spot  brazing  is  shown  in  Fig.  3-110. 
The  specimens  with  T.  I.  G.  spotwelds  and  those 
spotbrazed  with  .002  in.  Ag-l.i  foil  had  compar¬ 
able  lives  which  were  less  than  those  for  speci¬ 
mens  with  standard  spotwelds. 

The  influence  of  the  type  of  braze  foil  used  for 
spotbrazed  lap  joints  is  shown  in  Fig.  3-111.  The 
specimens  with  the  thin  gold  spray  were  inferior 
to  those  with  the  other  four  foil  materials. 

Because  of  the  low  fatigue  life  for  spotwelded 
specimens  with  load  transfer,  single  and  double 
shear  joints  were  designed  to  equalize  the  strain 
between  members.  The  joints  were  made  with 
either  spotwelds,  seamwelds  or  spot  brazing. 


103  104  105 


CYCLES  TO  FAILURE 

Figur •  3-107.  500° F  Exposure  Efftcts  on  Spotwldtd  Faligut  Lift 
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Figvf  3-108.  650°F  Exposure  Efftcts  on  Spotwtldtd  Fatigu t  Lift 
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Tab/*  3’X.  Spotwoidod  Joint  Fatiguo  Lives 


Configuration 


Nominal 

Gage 

In 

Post -We  Id 

1  reatment 

Spotweld 

Type 

Max  Gross 
Stress, 

KSI 

Cycles  To 
Failure, 
x  10-3 

0.  035/0. 035 

None 

Standard 

60 

i; 

40 

13 

30 

20 

91 

0.  060/0.060 

1,296  Hrs 

Standard 

45 

4  1 

at  550°  F 

40 

52 

30 

13(5 

0.  050/0. 050 

None 

Non-Forgeout 

50 

s 

40 

IS 

35 

23 

30 

52 

0.  050/0. 050 

Impact 

Non-Forgeout 

40 

It)  j 

Coined 

35 

30 

30 

43 

25 

56 

1 

MATL.  TiH-1-1 


SU3 


MATL:  TiH-l-l 


(  (•** 

\  !••• 

h.s 

/  lt»* 

A 

— Jl  .50 

Test  results  are  presented  in  Fig.  3-112,  and, 
when  compared  with  standard  joints,  show  some 
improvement  in  life  although  still  unacceptable 
for  fatigue  critical  areas. 

Specimens  with  a  single  fastener  installed 
through  a  sheet  with  a  doubler  are  used  to  evalu¬ 
ate  the  effect  on  fatigue  life  of  fastener  and 
fastener  installation  variables.  The  beneficial 
effects  of  interference  fits  are  illustrated  in  the 
test  information  summarized  in  Table  3-Y. 
Similar  specimens  with  Hi-Lok  fasteners  were 
tested  to  evaluate  the  effects  on  fatigue  life  of 
cold  working  at  the  intersection  of  the  sheet 
surface  and  hole  surface.  Cold  working  was  ac¬ 
complished  by  using  a  special  die  and  a  drop 
hammer.  No  particular  benefit  was  shown  by 
this  method  and  the  work  was  discontinued. 

Data  is  shown  in  Table  3-Z. 

Mechanically  fastened  double-strap  butt-joints 
were  fatigue  tested  at  room  temperature  to 
evaluate  the  effects  of  the  type  of  fastener,  the 
bolt  torque  (for  threaded  fasteners),  the  fastener 
pattern,  and  prior  exposure.  Table  3-AA  sum¬ 
marizes  the  program. 


The  bolted  Joints  generally  had  longer  lives  than 
the  riveted  joints,  and  the  life  was  improved  In 
increased  nut  torque  or  fastener  interference. 

The  influence  of  three  types  of  fasteners  on  lap 
joint  fatigue  life  is  shown  in  Fig.  3-1 13,  The 
Hi-Loks  and  Taper-Loks  showed  comparable 
lives  and  both  were  better  than  the  slug  rivets. 

Bolted  and  riveted  lap  joints  were  fatigue  tested 
to  provide  data  on  the  significance  of  burrs  left 
on  fastener  holes.  Some  specimens  were  debut  tv 
while  others  were  left  with  various  heights  of 
burrs.  Testing  was  at  room  temperature  at  an 
R  of  0.06.  The  results  presented  in  Table 
3-BB  show  a  detrimental  eifcct  of  the  burrs  lur 
the  bolted  joints  but  not  for  the  riveted  joints. 

Tests  of  single-shear  butt  joints,  utilizing  a 
splicing  channel  to  reduce  lateral  deflections, 
were  conducted  to  evaluate  fastener  types. 

These  tests  are  summarized  in  Fig.  3-114  for 
machined  skins  and  Fig.  3-115  for  unmachined 
skins.  Results  show  Taper-Loks  and  bolts  to 
be  the  best,  followed  by  driven  rivets  and  then 
spotwelds. 
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1 

II 

D 

1 

'0 

50 

45 

D 

1 

Co 

3  40 

UJ 

or 
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=  35 
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MAXIMUM  STRESS.  KSI 


tm&'Ulil 

■!nilS.S»!!! 


SP0TBRA2E  (9  PLACES) 


iHHn 

■121 


Mgjjjj 


SYMBOL  BRAZING  FOIL  (0.00?  IN.) 


FINE  SILVER 
?V  Li.  24s.  Cu.  76V  Ag 
95V  Ag.  5V  Al 
99  BV  Ag.  ,2V  Li 
THIN  GOLD  SPRAY 


H 

■ 


$  rnmmmmmmj**. 


Taklt  J.y.  Rlvtfd  Don  kit  Sptcimtn  Fatigu*  Llwt 


Configuration 

Test 

Temp 

Fastener 

Hole 

Clearance 

Squeeze 

Kips 

Max  Gross 
Stress, 
KSI 

Cycles  to 
Failure, 
X10-3 

MATL: 

Ti8 

-1-1 

R.  T. 

1/4  CSK 

-0.  0002 

31 

70 

144 

R-.06 

R.  T. 

A-286 

-0. 0002 

31 

70 

326 

R.  T. 

Rivet 

-0. 0002 

31 

70 

187 

R.  T. 

-0. 0002 

32 

70 

64 

R.  T. 

-0. 00023 

32 

70 

79 

1.50 

h-  i 

R.  T. 

-0. 00023 

32 

70 

141 

.  * 

R  T 

-0  00023 

31.  5 

70 

619 

r~ 

O 

^1.50 

R.  T. 

-0. 00043 

31.5 

70 

411 

* 

L—^-r 

R.  T. 

-0. 00043 

31.5 

70 

778 

0.  125-^v 

T 

R.  T. 

-0. 00043 

31 

70 

538 

t  jtp 

_ ^ 

R.  T. 

-0. 00030 

31 

70 

304 

1  yiL 

— - > 

R.T. 

-0.  00030 

31 

70 

142 

o. 

125 

R.  T. 

-0. 00030 

30.7 

70 

103 

R.  T. 

-0. 00043 

30.  7 

70 

403 

R.T. 

-0. 00043 

30.  7 

70 

229 

R.T. 

-0. 00043 

30.3 

70 

207 

R.  T. 

-0.  0004 

30.3 

70 

352 

R.  T. 

-0. 0004 

30.3 

70 

218 

R.  T. 

+0.  002 

31 

70 

2,013  (N.  F. ) 

R.  T. 

+0.  002 

31 

70 

1,293 

R.  T. 

+0.  002 

31 

70 

1,284 

R.  T. 

+0.  002 

31 

70 

1,183 

R.  T. 

+0.  002 

31 

70 

677 

R.  T. 

+0.  002 

31 

70 

1,031 

R.T. 

-0.  002 

31 

70 

210  (grip) 

R.  T. 

-0.  002 

31 

70 

880 

R.  T. 

+0. 002 

31 

70 

809 

R.T. 

+0.  002 

31 

70 

891 

R.  T. 

— 

(Gun 

— 

20  specimens 

_ 

Driven) 

are  in  Test 

[ 

L 

t 

li 
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Tab/*  3-Y.  (Continued) 


Configuration 


MATL:  Ti  6-4 


-iL5r  I 
Tmi.8 


0.  032 


0.040 


MATL:  Ti  8-1-1 

— *jl.5p—  ^ 


0.  090- 


~T 

■0.  090 


Test 

Temp 


R.T. 

and 

500°F 


Fastener 


5/32 

A-286 

CSK 

Rivet 


1/4  CSK 

T16A1-4V 

Rivet 


Hole 

Clearance 


+0.  002 
+0. 002 
+0. 0035 
+0. 002 
+0.001 
+0. 002 
+0. 002 
+0.003 
+0.001 
+0. 002 
+0.  002 
+0. 003 
+0.0015 
+0.  004 
+0. 003 
+0. 003 
+0. 004 
+0. 003 


0(Nom. ) 


Squeeze 

Kips 


Max  Gross  Cycles  to 
Stress,  Failure, 
KS1  X10"3 


204 

225 

140 

133 

440 

1, 037  (N.  F.) 
1,168  (N.  F.) 
101 
402 

1, 198  (N.  F.) 


Tcbla  3-Z.  (fact  of  Hoi •  Cold  Wo rk  on  Fatigu *  Lift 


Configuration 


MATL:  T18-1-1 
ROOM  TEMP 

R'-06  lU, 

M  ♦ 


u.  125 


50  l’j  Impact  Hammer 


Location  I  Ji  jpped  Heig...  i  Dropped 


NOTE:  IMPACT 
PRIOR  TO  ASSEMBLY 


1 

Max  Gross 
Stress, 
KSI 

Cycles  to 
Failure, 
X10-3 

mm 

114 

(  in 

246 

60 

172 

60 

66 

60 

91 

60 

84 

60 

j.20 

60 

258 

60 

197 

60 

123 

60 

79-* 

60 

199 

ToMt  3* AA.  (Continvd) 


Confifjuratlon 


MATL:  T18-1-1 

.090  GAGE 


Fastenc  r 


Hex  Head 
Bolt 

(Titanium) 


Ml 


Pull-Type 
Lock  Bolt 
(Titanium) 


Stump  Type 
Lock  Bolt 
(Titanium) 


Lock  Bolt 
(Steel) 


Taper -Lok 
(Titanium) 


Torque, 
In -Lb 


Pre  Test 
Exposure 


Std.  Hd.  Rivet 


70  — 

70  — 

70  — 

70  — 

150  — 

150  550  100 

150  550  100 

150  550  SCO 


Does  —  — 
Not  —  “ 

Apply  — 

550  I  100 


Does  — 

Not  — 

Apply  — 

550  100 

550  100 

550  500 

550  500 


es  — 

t  — 

ply  550  100 

550  100 


550  100 

550  100 


Does  —  — 
Not  —  — 

Apply 


Max  Gross 
Stress, 
KSI 


Cycles  To 
Failure, 
X  10-3 


47 

100 

202 

264 

126 

176  (Grip) 

198 

126 


97 

121  (Grip) 
153 
328 
116 
268 


91 

142 

111  (Grip) 

355 

27 

236  (Grip) 
66 
453 
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T ablt  3-BB  Effects  of  Burrs  on  Lap  Joint  Fotigu •  Lift 


Configuration 


Fasteners 


Burr  Height 
At  Interface, 
In. 


Deburred 
De  burred 
Deburred 
Deburred 
Deburred 
Deburred 
U.0035-.006 
0.  0035-.  006 
0.0035-.000 
0. 0025-.003 
0 . 0025-.  003 
0 . 0025-.  003 
0.001-.0015 
0.001-.0015 
0.001-.0015 


Deburred 
Deburred 
Deburred 
Deburred 
Deburred 
Deburred 
Deburred 
Deburred 
Deburred 
Deburred 
Deburred 
Deburred 
0.002-.005 
0.002-.005 
0.002-.005 
0.002-.005 
0.002-.005 
0.002-.005 
0.  0035-.006 
0.  0035-.006 
0.  0035-.006 
0.  0025-.003 
C.  0025-.003 
0. 0025-.003 
0.001-.0015 
0.001-.0015 
0.001-.0015 
0.003-.008 


Max  Gross 
Stress, 
KSI 


Cycles  To 
Failure, 
x  10-3 
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i ftntrt  on  Poddtd  Skin  Joint  Fatigut  Lift 
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Specimen 

Configuration 


l.soTqgp 

I  Q" 


-0.030 
a^O.  040 


SEAM  BRAZE  WITH 
NICKEL-GOLD  FOIL 


.0.030 
_^0.  040 


3=1.50 
.0.090 
3^0.  050 


I  |:|::i:|  |  t.so 

0.050  0.020  o.  090 


To  bla  3-CC.  Local  Attachmant  Fatigua  Tost  R*  suits 


Test 

Temp, 

°F 


3”  0.030 

F==^S  yQ.  040 

RESISTANCE  BRAZE 


lax.  Gross 
Stress, 
KSI 

(R=.  06) 


Cycles  to 
Failure, 
X10-3 


Pretest 

Environment 


R.  T. 

60 

7 

None 

R.  T. 

50 

10 

None 

R.  T. 

40 

13 

None 

R.  T. 

30 

45 

None 

R.  T. 

80 

25 

None 

R.  T. 

70 

65 

None 

R.  T. 

65 

57 

None 

R.  T. 

60 

89 

None 

R.T. 

30 

1,  769(N.  F.) 

None 

R.T. 

65 

109 

100  HRS  at  550° 

R.  T. 

60 

52 

None 

R.  T. 

50 

136 

None 

R.T. 

40 

251 

None 

R.T. 

60 

38 

100  HRS  at  450 

R.  T. 

50 

76 

100  HRS  at  450 

R.T. 

40 

190 

100  HRS  at  450 

400 

50 

56 

100  HRS  at  450 

400 

40 

116 

100  HRS  at  450 

R.T. 

70 

7 

None 

R.  T. 

60 

14 

None 

R.  T. 

50 

25 

None 

R.  T. 

70 

None 

R.  T. 

50 

14  p> 

None 

R.  T. 

40 

32 

None 

R.T. 

70 

16 

None 

R.  T. 

60 

24  n> 

None 

R.T. 

50 

47  ^ 

None 

Notes 


Std.  S/w 


Standard 

Spotweld 


[i>  Standard 
^  Spotweld 


►Seam  Weld 


f:l i.5o 


t _ ^0.  090 

1.00^  A  r  0.050 

.,,,,0.090 

r-fT^o  i 

12  ALL 

i,  ~  T|  A  ROUND 
n-OOJL7  /-().  250 


R.  T. 
R.  T. 
R.  T. 
R.  T. 


23.5 

134.5 

98 

40 
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Various  techniques  for  local  attachment  to  con¬ 
tinuous  members  were  evaluated  in  an  attempt  to 
solve  the  spotwelded  structure  fatigue  problems. 
Test  results  for  spotwelded,  fusion  welded,  and 
brazed  attachments  are  contained  in  Table  3  -CC. 
All  specimens  were  Ti  8-1-1  and  tested  with 
R  -  0.06.  Three  specimens  of  spotwelded  member 
runout  were  fatigue  tested  at  room  temperature 
with  R  -  0.  06.  Table  3-DD  shows  the  results. 

None  of  these  methods  were  adequate  although 
some  life  extension  was  provided. 

.1.7  SONIC  TEST 

3,7.1  Summary 

Fifty  structural  panels  have  been  sonic  tested 
representing  both  skin-stiffener  and  sandwich 
construction.  Continuous  testing  and  design  im¬ 
provements  have  resulted  in  structures  of  both 
types  that  provide  lighter  weight  and  higher  sonic 
resistance  than  previously  attained.  Sandwich 
panels  of  less  than  1.2  lb/sq  ft  have  resisted  sonic 
environments  through  172db.  Riveted  skin- 
stiffener  panels  of  less  than  2.0  lb/sq  ft  have  re¬ 
sisted  sonic  environments  through  172db.  Tables 
3 -EE  and  3-FF  summarize  the  panel  configura¬ 
tions  and  results  of  the  more  significant  testing. 
Highlights  of  the  development  program  are  as 
follows: 

a.  Tests  have  been  conducted  with  random 
noise  which  closely  duplicates  the  aircraft 
engine  noise. 

b.  Agreement  was  obtained  between  panel 
response  measured  behind  a  J-75  engine  and 
panel  response  measured  in  the  progressive 
wave  chamber  using  random  noise.  See  Fig. 

3-116  for  comparison  and  Figs.  3-117  and  3-118 
for  photos  of  engine  and  horn  test  setups. 

c.  Correlation  between  panel  geometry  and 
sonic  induced  stresses  is  shown  in  Fig.  3-116 
Photographs  of  a  typical  skin-stiffener  panel 
with  strain  gages  attached  are  shown  in  Fig.  1-8. 

d.  Panel  tests  have  demonstrated  an  order 
of  magnitude  improvement  in  sonic  resistance 
for  riveted  structure  versus  spotwelded  struc¬ 
ture.  Design  criteria  have  been  developed  for 
light-weight  riveted  structure  and  are  presented 
in  Figs.  3-119  and  3-120.  Spotwelds  will  not 

be  considered  for  any  use  in  sonic  critical  areas. 


e.  Tests  of  honeycomb  structure  have 
demonstrated  that  minimum  weight  designs  are 
adequate  for  sonic  environments  in  excess  of 
the  B-2707  noise  levels. 

3.7.2  Sonic  Test  Methods 

Hon.  'sting  is  conducted  in  a  progressive  wave 
chamber  with  the  sound  generated  by  a  20,000 
watt  transducer.  This  transducer  is  capable 
of  generating  random  noise  with  a  variable  fre¬ 
quency  shape  to  171db  sound  level.  The  distri¬ 
bution  of  frequencies  used  for  the  random  noise 
testing  has  been  established  on  the  basis  of  J-75 
engine  testing  as  the  SST  engines  will  not  have 
significantly  different  frequency  distributions 
than  the  large  J-75  engines.  Limited  tests  were 
conducted  on  panels  behind  the  J-75  engines  and 
then  in  the  horn  chamber  to  verify  panel  re¬ 
sponse.  Results  of  strain  gage  reading  shown 
in  Fig.  3-116  demonstrate  that  there  is  almost 
identical  panel  response  for  horn  and  engine 
tests. 

The  progressive  wave  chamber  is  an  enclosed 
tunnel  with  sound  waves  generated  at  one  end 
and  terminated  or  absorbed  at  the  downstream 
end.  The  test  specimen  is  mounted  flush  in  one 
of  the  tunnel  walls.  See  Fig.  3-118  for  a  photo¬ 
graph  of  the  test  set-up.  The  sound  waves  strike 
the  test  specimen  at  a  grazing  incident  which  has 
been  found  to  best  represent  the  position  of 
structure  downstream  of  an  engine  exhaust. 

Throughout  the  sonic  testing  program,  contin¬ 
uous  improvements  have  been  made  in  test 
methods  to  more  accurately  represent  airplane 
structure  and  environment.  Earlier  tests  gen¬ 
erally  utilized  a  discrete  frequency  noise  input 
that  was  established  on  the  basis  of  panel  re¬ 
sponse  as  measured  by  deflection.  Since  mid- 
1965  all  testing  has  been  conducted  using  a 
random  noise  source  to  better  represent  the  jet 
engine  environments.  Also,  panel  response  is 
measured  on  the  basis  of  strain  gage  readings. 
The  present  system  uses  a  horn  noise  shaped 
to  duplicate  a  J-75  engine.  With  this  environ¬ 
ment,  the  same  stresses  are  consistently  meas¬ 
ured  during  horn  testing  as  those  obtained  during 
actual  engine  tests.  The  panels  have  been  heav¬ 
ily  instrumented  with  strain  gages  in  order  to 
record  maximum  sonic-induced  stresses.  A 
comparison  of  the  stress  response  from  actual 
engine  noise  and  that  from  the  horn  source 
shows  that  proper  shaping  of  the  random  input 
results  in  an  accurate  representation  of  the 
airplane  structure  damage. 


Toblt  3-DD.  Spotwildtd  M*m b»r  Runoul 


Tests  have  been  conducted  to  establish  the  effect 
of  various  panel  geometries  on  the  relationship 
between  sonic-induced  stresses  and  panel  geo¬ 
metry.  For  the  skin  stiffener  panels  this  re¬ 
lationship  is  shown  to  be  a  function  of  the  skin 
thickness  and  panel  spacing.  Fig.  3-120  shows 
that  this  relationship  is  clearly  established  and 
usable  for  design  improvements. 

3.7.3  Sonic  Fatigue  Test  Interpretation 
Sonic  fatigue  is  similar  to  conventional  structural 
fatigue  and  may  be  analyzed  in  a  like  manner. 
However,  a  significantly  longer  cyclic  life  is  re¬ 
quired  for  sonic-loaded  structure  than  the  more 
conventional  mechanical  fatigue-loaded  airplane 
structure. 

Engine  sonic  environment  can  induce  more  than 
10(>  cycles  per  hour  so  the  structure  must  be 
designed  for  the  extremely  long  life  portion 
of  the  S-N  curve  and  test  results  must  be  inter¬ 
preted  accordingly. 

Methods  have  been  used  to  interpret  accelerated 
horn  type  test  results  in  terms  of  the  sonic- 
intensity  level  that  the  structure  would  withstand 
on  the  airplane.  The  adjusted  sound  pressure 
level  for  1(H)  hrs  life  is  shown  in  Table  3-FF  with 
the  panel  test  results.  The  100  hr  life  is  the  ap¬ 
proximate  time  that  any  B-2707  structure  is 
exposed  to  the  severest  engine  sonic  environ¬ 
ment.  This  environment  occurs  at  start  of  take 
off  run  and  again  on  landing  when  the  engine 
thrust  is  r -versed. 

The  method  used  lor  evaluating  skin-stringer 
construction,  lne-hr  life,  is  similar  to  that 


proposed  in  Ref.  .1  (ASD  -  TDR  -  G3-S20)  and  de¬ 
pends  upon  relating  test  stress  and  cycles  to  the 
life  available  at  that  stress  as  shown  by  a  con¬ 
ventional  S-N  curve. 

An  S-N  curve  for  riveted  titanium  skins  has  been 
developed  and  is  presented  in  Fig,  3-121.  This 
curve  is  based  on  small  bending  specimen  test 
results  and  is  a  fair  representation  of  riveted 
skin  panels  although  conservative.  This  curve 
is  used  for  extrapolation  of  test  data  obtained  at 
high-db  levels  and  relatively  short  test  times. 

As  an  example,  Fig.  3-1 1G  establishes  the 
relationship  between  panel  geometry  and  sonic- 
induced  stresses  at  IGOdb  overall  sound  pres¬ 
sure.  Fig.  3-122  establishes  the  variation  in 
stress  for  any  other  noise  level.  By  combining 
the  data  in  these  two  figures  with  the  S-N  curve 
shown  in  Fig.  3-121,  the  relationship  between 
panel  geometry  and  10  hrs,  100  hrs  and  1000  hrs 
life  at  any  noise  level  has  been  derived  and  is 
presented  in  Fig.  3-119. 

Miner's  cumulative  damage  theory  was  used  to 
determine  the  effect  of  combined  test  time  at 
several  sound  pressure  levels.  The  equivalent 
sound  pressure  levels  for  100-hr  life  for  the 
panels  tested  is  shown  in  Table  3-FF.  The 
100-hr  life  sound  pressure  level  is  the  minimum 
capability  of  a  panel  because  failure  of  repre¬ 
sentative  structure  usually  did  not  occur.  Fail¬ 
ures  occurred  in  the  supports  or  cracked  at  the 
edge  of  the  panel. 
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Table  J-EE.  Summer y  of  Paneli  Tested 


PANEL 

NO. 

)  PANEL  CONSTRICTION  (TIT  A  Nil  M  ALLOY  EXCEPT  AS  NOTED) 

PANEL 
SIZE 
(in. ) 

SKIN 

GAGE 

1  STI  KEENER 
SPACING 
(in. ) 

FASTENER 

TYPE 

PANEL 
WEIGHT 
I.BS.  IT.2 

H 

21x24 

.  03 2 

4.33 

5/32  Monel  CSk  Rivet 

1.97 

C 

24x24 

.  050 

4.33 

Spotwcld 

1 . 93 

I) 

24x24 

.052 

5.40 

Spotwcld 

1.82 

E 

24x24 

.051 

4.33 

5/32  Monel  CSK  Rivet 

1 . 95 

E 

24  x24 

.051 

i  5.40 

5/32  Monel  CSK  Rivet 

1.79 

C. 

24x24 

.045 

3. GO 

1/8  A2HG  CSK  Rivet 

1 . 88 

11 

24x18 

.049 

5.40 

5/32  Monel  CSK  Rivet 

1.75 

J 

24x24 

.043 

5.40 

1/8  A 28 G  CSK  Rivet 

1 . 55 

K 

24x24 

.070 

5.40 

5/32  Monel  CSK  Rivet 

2.58 

L 

34x24 

.050 

5.40 

5/32  Monel  CSK  Rivet 

1.84 

1 

20x18 

Honeycomb 

Outer  Skin:  Polyimide-Glass  .030  Gage 

Core:  Polyimide-Glass  Honeycomb 

Inner  t  kin:  Polyimide-Glass  .030  Gage 

.91 

2 

20x18 

Honeycomb 

Outer  Skin:  Titanium  .010  Gage 

Core:  Polyimide-Glass  Honeycomb— 5f 

Inner  Skin:  Polyimide-Glass  .  030  Gage 

l.  1G 

3 

20x18 

Honeycomb 

Outer  Skin:  Titanium  .010  Gage 

Core:  Polyimide-Glass  Honeycomb — 5" 

Inner  Skin:  Polyimide-Glass  .030  Gage 

1.08 

4 

20x18 

Honeycomb 

Outer  Skin:  Titanium  — .  OGOc/mto  .  010  Gage 
Core:  Polyimide-Glass  Honeycomb--5# 

Inner  Skin:  Polyimide-Glass  .030  Gage 

1.32 

r> 

20x18 

Honeycomb 

Outer  Skin:  Titanium--,  OGOc/mto.  010  Gage 
Core:  Polyimide-Glass  Honeycomb— 5? 

Inner  Skin:  Polyimide-Glass  .030  Gage 

1.32 

•I 

20x18 

Honeycomb 

(Same  as  5) 

1.32 

7 

20x18 

Honeycomb 

(Same  as  5) 

1  32 

8 

20x18 

Honeycomb 

(Same  as  5) 

1  32 
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Tabl •  3*FF.  Summary  of  T#if  Rasult* 


PANE  L 
NO. 

TEST  DATA 

ADJUSTED 
SOUND 
PRESSURE 
LEVEL  FOR 

100  hr  LIFE 
WITH  RANDOM 
NOISE 

NOTES 

SOUND 
PHESSl'UE 
1-EVE  I. 

FREQ. 

GPS 

TIME 

MIN 

TEMP 
°  F 

13 

1(12  db 

105  db 

KiH  db 

1(>H  db 

237 

237 

237 

Random 

180 

180 

150 

2-10 

R.T. 

105. 3db 

Cracked  skin  at  free 
edge  where  stresses 
were  not  representative 

C 

Tested  behind  J-75 
engine. 

D 

Tested  in  horn  with 
various  configurations 
for  response  compar¬ 
isons 

E 

105  db 
l(i8  db 

170  db 

Random 

Random 

Random 

120 

120 

78 

450° 

105. 8db 

Failed  in  supports 

No  skin  failure. 

F 

105  db 

108  db 

Random 

Random 

120 

120 

450° 

164.  Odb 

Failed  in  supports 

No  skin  failure. 

G 

1  (if)  db 
l(i8  db 

170  db 

Random 

Random 

Random 

120 

120 

105 

R.T. 

100. 1  db 

Failed  in  supports 

No  skin  failure. 

11 

liif>  db 

Kin  db 

Random 

Random 

120 

R.T. 

104.2  db 

Cracked  skin  at  free 
edge  where  stresses 
were  not  represent¬ 
ative. 

J 

1  iir>  (11) 

1  < i?'  db 

Random 

Random 

120 

19 

R.T. 

101.8  db 

Cracked  skin  at  free 
edge  where  stresses 
were  not  represent¬ 
ative. 

K 

Measured  strain  gage 
response. 

1. 

Measured  strain  gage 
response  with  various 
support  methods. 
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Tabla  3‘FF.  (Continual) 


PANEL 

NO. 

TEST  DATA 

ADJUSTED 
SOUND 
PRESSURE 
LEVEL  FOR 

1 00  hr 

LIFE  WITH 

RANDOM 

NOISE 

NOTES 

SOUND 

PRESSURE 

LEVEL 

FREQ. 

CPS 

TIME 

MIN 

TEMP 

0  F 

1 

1(>0  clb 

1(53  til) 

1  (58  clb 

170  db 

200 

200 

200 

200 

(50 

(50 

00 

37 

R.T. 

1(58  db 

Cracked  inner  skin.  No  bond 
failure. 

2 

...  -  .—i 

63  db 
<  8  db 

1 7  U  db 

172  db 

i  280 

278 

275 

270 

GO 

GO 

GO 

73 

R.T. 

171  db 

Edge  failure.  No  bond  failure. 

3 

11)3  db 
1(58  db 

170  db 

172  db 

300 

300 

300 

300 

GO 

GO 

60 

115 

R.T. 

172  db 

Edge  failure.  No  bond  failure. 

4 

lf.O  db 

1G5  db 

1(58  db 

170  db 

171  db 

Randon 

180 

3C 

GO 

R.T. 

168.3  db 

Did  not  fail. 

5 

1(50  db 

1(55  db 

1(58  db 

170  db 

Random 

180 

180 

180 

180 

450° 

167  db 

Did  not  fail. 

(i 

170  db 

Random 

300 

R.T. 

After  first  180  minutes  of  testing,  a  2- 
inch  diameter  steel  ball  was  dropped 
four  feet  onto  the  .  010  gage  titanium 
skin.  Pa.  1  did  not  fail  and  had  only 
minor  extt  non  of  damage  after  an 
additional  KA  minutes  of  testing. 

7 

170  db 

Random 

3G0 

R.T. 

Same  as  6  except  ball  was  dropped  G  feet. 

No  failure. 

8 

170  db 

Random 

3(50 

R.T. 

After  the  first  120  minutes  of  testing 
the  panel  was  damaged  by  dropping  a  2  inch 
diameter  steel  ball  onto  the  .  010  gage 
titanium  outer  skin.  The  ball  was  dropped 
on  five  separate  locations  from  a  six  foot 
height.  An  additional  180  minutes  of 
testing  at  170  db  was  accomplished 
without  failure.  At  two  locations  the 
damaged  area  had  grown  approximately  1- 
inch. 

J 

I 


RATIO,  b  t  = 


STIFFENER  SPACING 
SKIN  GAGE 


Figure  3-116,  Panel  Geometry  Versus  Sonic  Induced  Stress 
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Figure  3-1 17.  Engine  Sonic  Test 
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Figure  3-118.  Sonic  Horn  Test  Facility 
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Figuto  3-119.  Sonic  Fatiguo  Dosign  Poromotort 
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RATIO 


STRESS  AT  db  SHOWN 
STRESS  AT  1600b 


Figura  3*122.  Variation  o  1  Strait  With  Sound  Laval 
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The  riveted  titanium  panels  have  demonstrated 
excellent  sonic-fatigue  resistance.  Where  the 
spot-welded  titanium  skin  stiffener  panels 
were  extremely  sensitive  to  the  higher  db  levels 
and  detail  design,  the  riveted  panels  have  been 
so  resistant  to  skin  damage  that  failures  are 
difficult  to  achieve.  To  date,  no  failures  have 
been  obtained  for  the  proposed  skin  stiffener 
designs  except  along  the  free  edges  of  the  test 
panels  where  strain  gage  measurements  indicate 
stress  levels  50  to  100  percent  greater  than 
stresses  in  the  representative  structure. 

Excellent  sonic  resistance  has  been  demon¬ 
strated  by  honeycomb  construction.  The  unique 
properties  which  are  responsible  for  the  high- 
sonic  efficiency  of  honeycomb  panels  are  low 
weight  and  high  stiffness.  A  typical  aircraft 
honeycomb  panel  has  essentially  one  significant 
resonant  frequency  to  which  it  responds  in  any 
sonic  environment.  The  maximum  discrete 
frequency  sound  level  which  produces  failure  is 
substantially  lower  (4  to  8db)  than  the  random 
frequency  overall  sound  level  which  produces 
failure.  Ho.  ycomb  panels  tested  early  in  the 
development  program  were  tested  using  a  dis¬ 
crete  frequi  where  all  the  noise  energy  was 
at  the  rcson :  I  requency  of  the  panel.  The  test 
results  of  Hu-m  panels  have  been  conservatively 
increased  4db  to  partially  account  for  the  sever¬ 
ity  of  this  type  testing.  Recent  testing  of  honey¬ 
comb  panels  used  jet  engine  type  random  noise 
at  both  room  and  elevated  temperatures.  Fail¬ 
ure  did  not  occur  at  up  to  10  hrs  exposure  to 
170db.  The  equivalent  noise  level  for  100-hr 
life  for  these  honeycomb  panels  was  determined 
from  the  same  S-N  curve  shape  as  for  riveted 
panels.  The  100-hr  life  level  is  conservative 
because  the  panels  did  not  fail.  Structure  that 
sustains  10  hrs  is  being  tested  so  near  the  en¬ 
durance  limit  that  testing  might  be  continued 
indefinitely  without  producing  significant  ad¬ 
ditional  information.  Similar  panels  are  cur¬ 
rently  being  exposed  to  the  SST  thermal  environ¬ 
ment  for  extended  time  periods  and  will  be  sonic 
tested  upon  completion  of  exposure.  A  typical 
honeycomb  panel  is  shown  in  Fig.  3-123. 

flic  skin-stlffener  and  sandwich  panel  sonic  test 
results  are  shown  in  Fig.  .1-124.  They  show 
that  the  sandwich  panels  are  lighter  for  a  given 
sonic  environment  than  skin-stlffener  panels  nnd 
that  both  types  of  construction  have  been  im¬ 
proved  over  the  proposed  sonic-fatigued  design 
criteria  for  Phase  H-C. 


Sonic  testing  has  been  done  on  some  sandwich 
honeycomb  panels  that  were  deliberately  dam¬ 
aged  before  testing.  A  2-in.  dia  (1.3G  lb)  steel 
ball  was  dropped  from  heights  of  4  and  G  ft  on 
the  0.01  titanium  exterior  surface.  Local  core 
fracture  was  detected  under  the  dents.  Testing 
at  170db  random  environment  for  3  hrs  produced 
slight  or  no  damage  growth  away  from  the  point 
of  impact.  These  tests  showed  that  severe  im¬ 
pact  damage  did  not  propagate  rapidly,  but  no 
attempt  was  made  to  determine  equivalent  life 
on  a  damaged  panel. 

3,7.4  Conclusions  and  Future  Work 
Horn  testing  has  clearly  established  the  sonic 
resistance  of  panels  of  both  riveted  titanium 
skin-stiffener  and  honeycomb  construction. 

Tests  behind  the  engines  have  confirmed  that 
horn  testing  is  representative,  so  long  as  proper 
shaping  of  the  horn  noise  is  accomplished.  An¬ 
alytical  methods  are  available  to  interpret 
short-term  test  life  in  terms  of  probable  air¬ 
plane  life.  Panel  testing  and  analysis  will 
continue  to  improve  methods  of  evaluating  struc- 
ural  life.  Outside  work  being  done  in  Reference  G 
"Modeling  for  Sonic  Fatigue,"  Report  AFFDL- 
TR-G5-171  will  be  studied  as  soon  as  it  is  avail¬ 
able.  In  addition  to  small  panels,  a  full-scale 
test  section  representing  the  lower  portion  of 
the  rudder  is  currently  being  fabricated  and  is 
scheduled  for  sonic  testing  in  Phase  II-C.  The 
test  section  is  40  by  80  in.  and  is  fabricated 
from  both  sheet  titanium  and  typical  honeycomb 
panels.  Testing  of  this  full-scale  structure  will 
be  used  to  verify  the  results  of  panel  testing  and 
to  evaluate  the  adequacy  of  the  proposed  empen¬ 
nage  design  including  the  internal  structure  and 
attachments. 

3.8  HONEYCOMB  SANDWICH  STRUCTURE 
DEVELOPMENT  TESTS 
The  development  of  stable  high-temperature 
adhesives  and  resins  made  it  possible  to  use  the 
advantages  of  bonded  sandwich  structure  on  the 
B-2707.  The  structure  development  program 
has  been  marked  by  rapid  improvements  in  both 
materials  and  processing.  In  many  cases  these 
improvements  have  made  test  results  difficult  to 
compnre  and  sometimes  show  up  as  apparent  in¬ 
consistencies  in  the  data. 

Extensive  testing  was  conducted  during  the  de¬ 
velopment  of  satisfactory  honeycomb  structure 
designs.  This  testing  established  the  strength 
properties  of  the  sandwich  core  and  faces,  and 
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Figure  3-123.  Honeycomb  Sonic  Test  Panel 
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the  load  carrying  capability  of  the  complete  panel 
design.  Data  are  presented  and  testing  is  con¬ 
tinuing. 

3.8.1  Basic  Sandwich  Testing 
The  bonded  honeycomb  structure  is  designed 
using  a  polyimide-glass  core  and  titanium  skins. 
Some  areas  are  designed  with  an  inner  skin  of 
polyimide-glass  for  increased  formability.  A 
few  areas  have  special  electrical  properties  re¬ 
quirements  and  are  designed  with  both  skins  of 
polyimide  -glass . 

Each  component  material  of  the  honeycomb 
sandwich  was  tested  for  strength  properties 
after  assembly  in  a  bonded  specimen. 


Sandwich  specimens  with  faces  made  from  three 
different  titanium  alloys  were  tested  for  effects 
of  elevated  temperature  exposure  on  the  edge¬ 
wise  compression  strength.  This  data  is  pre¬ 
sented  in  Fig.  3-125  and  demonstrates  only  minor 
strength  reductions  for  all  three  alloys  because  of 
exposure. 

Improvements  in  material  and  processes  have 
been  continuous  and  rapid.  This  was  especially 
true  of  the  polyimide-glass  honeycomb  core. 

Core  of  improved  strength  and  quality  has  been 
received  before  testing  of  earlier  lots  were  com¬ 
plete.  Most  of  the  data  presented  in  Figs.  3-126 
through  3-132  show  core  with  normal  weave  glass 
fabric. 
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Figure  3*127.  Beam  Flexure  and  Core  Shear  Test  Setup 
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Figure  3-130.  Edgewise  Compression  Test  Setup 
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Figurt  3-131  Polyimidt-Glats  Fact  Compru  non  T»if  Rttullt 
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Preliminary  data  on  bias  weave  fabric  indicate 
25  percent  increase  in  shear  strength,  over 
200  percent  increase  in  shear  modulus  and  50 
percent  decrease  in  compression  modulus. 

Core  material  currently  being  supplied  by  Hex¬ 
cell  Inc.  has  satisfactory  strength  for  design. 
Testing  of  improved  core  !s  continuing. 

The  effect  of  elevated  temperature  exposure  on 
the  polyimide-glass  core  and  face  strengths  is 
shown  in  the  Material  and  Processes  part  D  of 
this  Report  (V2-B2707-8). 

3.8.2  Honeycomb  Sandwich  Panel  Testing 
Typical  honeycomb  panels  were  tested  to  sub¬ 
stantiate  their  load  capability  and  to  develop  im¬ 
proved  panel  designs.  Structural  panels  were 
tested  with  compression,  shear,  and  pressure 
loads. 

The  design  of  a  panel  to  carry  a  compression 
load  requires  careful  attention  to  design  details 
in  order  to  achieve  a  minimum  weight  structure. 
Eighteen  honeycomb  panels  have  been  tested  in 
compression  and  the  results  are  presented  in 
Fig.  3-133  with  a  photo  of  typical  test  setup 
shown  in  Fig.  3-134.  Testing  of  improved  de¬ 
signs  and  new  ideas  is  continuing. 

Figure  3-135  shows  test  results  and  test  setup 
for  a  panel  tested  with  internal  pressure.  The 
failure  pressure  of  10. 1  psig  was  as  predicted 
and  demonstrates  a  satisfactory  design  for  pres¬ 
sure  loading. 

Figure  3-136  shows  test  results  and  test  setup 
for  a  panel  tested  in  shear.  The  failure  stress 
was  93  percent  of  basic  material  ultimate 
strength  and  demonstrates  the  excellent  capa¬ 
bility  of  honeycomb  panels  to  carry  shear  loading. 

3.  9  LONG  TIME  EXPOSURE  AND  CREEP  TESTS 
The  purpose  of  this  program  is  to  evaluate  the 
long-time  exposure  effects  on  the  load  carrying 
ability  of  titanium  material.  A  further  objective 
is  to  obtain  data  on  the  physical  and  chemical 
changes  which  take  place  when  the  material  is 
subjected  to  environments  simulating  that  of  the 
actual  airplane.  Analytical  efforts  to  extrapolate 
short-time  testing  or  testing  in  which  tempera¬ 
ture  and  stress  are  scaled  to  give  meaningful 
results  for  real  time  temperature  exposure  effects 
have  been  largely  unsuccessful.  The  calendar 
time  eequimf  to  ohprio  long-time  wtptmufp  dwt'* 
necessitated  the  selection  of  the  then  most 


promising  titanium  material  for  the  SST.  The 
Ti  8-1-1  duplex  annealed  alloy  was  selected  for 
the  investigation.  Since  initiation  of  this  pro¬ 
gram,  the  material  selected  for  the  B-2707  was 
changed  to  the  Ti  6-4  alloy.  However,  com¬ 
parison  of  long-term  exposure  data  for  the  two 
materials  indicates  that  the  general  trends  in 
residual  material  properties  are  similar. 

Material  specimens  are  subjected  to  either 
steady-state  or  cyclic  exposure  to  evaluate 
effects  of  temperature  only  and,  temperature 
in  combination  with  stress.  Steady-state  ex¬ 
posure  tests  are  being  conducted  at  500°  F  and 
650°  F  at  stress  levels  of  0  and  40  ksi.  Cyclic 
exposure  tests  are  being  made  at  500°  and  050°  F 
and  to  a  maximum  stress  of  40  ksi.  Exposures 
are  for  various  intervals  of  time  up  to  30, 000 
hrs.  In  order  to  minimize  calendar  time  re¬ 
quired  to  accumulate  30,000  creep-producing 
hrs  under  intermittent  exposure,  a  cycle,  de¬ 
fined  in  Fig.  3-137,  was  selected  in  which  the 
time  spent  at  other  than  creep-producing  con¬ 
ditions  was  minimized. 

The  several  different  exposure  test  specimens 
used  in  this  investigation  are  shown  in  Figs. 

3-138  and  3-139.  The  long-strip  type  specimens 
were  designed  to  obtain  several  creep  measure¬ 
ment  gage  lengths  within  the  exposed  region  of 
each  specimen  and  to  provide  for  post-exposure 
sectioning  into  standard  tensile  and  fatigue 
specimens.  Basic  material,  spotwelded  joints, 
and  fusion  welded  specimens  are  included  in  the 
test  program.  The  basic  material  and  spot- 
welded  joint  specimens  for  steady-state  cyclic 
and  post-exposure  testing  are  shown  in  Fig. 

3-138. 

The  longitudinal  and  transverse  weld  specimens 
for  both  steady-state  and  cyclic  exposure  are 
shown  in  Fig.  3-139.  The  specimens  were 
exposure  tested  in  the  company-designed  creep 
testing  facility  shown  in  Fig.  3-140. 

After  various  periods  of  exposure,  residual 
creep  strain,  mechanical  strength  properties 
and  metallurgical  characteristics  were  deter¬ 
mined  and  compared  with  that  of  unexposed  base¬ 
line  material.  Creep  measurements  were  ob¬ 
tained  for  all  specimens  In  fare  and  after 
exposure.  All  measurements  are  made  with 
fixed-gage  length  microscopes  at  room  tempera¬ 
ture  In  ft  vVntfOik  J  atmosphere  sotfntt  c.mtht+oTrs 
could  be  duplicated  at  each  measurement. 
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THIS  30  INCH  X  60  INCH  PANEL  WAS  CONSTRUCTED  USING  A  .008  TITANIUM  OUTER  SKIN,  POLYIMIDE-GLASS  HONEYCOMB 

CORE  K INCHES  DEEP.  AND  A  .040  GAGE  POLYIMIDE-GLASS  INNER  SKIN.  FAILURE  WAS  OBTAINED  AT  10.1  PSIG  INTERNAL  PRESSURE. 


Figure  3-135.  Pressure  Panel  Test  Setup 
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THIS  23  INCH  X  23  INCH  PANEL  WAS  CONSTRUCTED  USING  A  .040  GAGE  TITANIUM  OUTER  SKIN,  POLYIMIDE-GLASS  HONEYCOMB 
CORE  ONE-HALF  INCH  DEEP,  AND  A  .030  GAGE  POLYIMIDE-GLASS  INNER  SKIN.  THE  GROSS  AREA  FAILURE  STRESS  WAS  73  KSI 
AND  REPRESENTS  93%  OF  THE  ULTIMATE  TITANIUM  ALLOWABLE. 


Figure  3-136.  Shear  Panel  Test  Setup 


V2-B2707-9 


202 


I 


TEMPERATURE  ,1650*  F  TEST 


Ti-8-M  DUPLEX  ANNEAL 


|IIHEEEESES55555 5555SSS5555S5 

n  ■■■■■■■■■■■155 1555555555555 


■aEgaaaiaaai 

EsIwasliasB 


llll 


■■■mil 


nil 


Ul 


iiBBflBBBBBBB55555!!55E5 


rasei 


REPEAT  CYCLE 


■■■■■■■■■■ilKiBBBSSSSE 


CYCLE  TIME.  HOURS 


Figure  3-137.  Temperature-Load  Spectrum 
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STEADY  STATE  SPECIMENS  A,  B,  C,  D 
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Unexposed  baseline  material  properties  were 
obtained  from  specimens  taken  from  the  same 
sheets  of  material  used  to  fabricate  the  exposure 
specimens. 

Residual  creep  strains  (unrecoverable  creep) 
for  steady-state  and  cyclic  exposure  specimens 
are  shown  in  Fig.  3-141.  The  values  shown  are 
averages  of  2  to  16  gage  lengths  for  each  con¬ 
dition.  Data  indicate  that  cyclic  exposure  con¬ 
ditions  are  more  severe  than  those  of  steady- 
state;  however,  creep  deformations  will  not  be 
significant  for  temperature  up  to  650°  F.  Figure 
3-142  compares  creep  data  from  this  program 
with  that  of  two  other  investigations.  The  Ti 
8-1-1  mill-annealed  data  is  from  test  conducted 
by  Joliet  Metallurgical  Laboratories,  Inc. ,  Ref  6 
and  that  for  Ti-8-1-1  duplex  annealed  and  Ti  6-4 
mill  annealed  are  data  from  General  Dynamics 
Corp. ,  Ref  7 .  The  original  test  program  of 
General  Dynamics  Corp.  showed  creep  strains 
considerably  larger  than  that  obtained  by  other 
investigators.  Revisions  were  made  to  their 
testing  and  measurement  techniques  and  the  data 
presented  in  Fig.  3-142  was  obtained.  A  com¬ 
parison  of  Ti-8-1-1  and  Ti  6-4  creep  data  indi¬ 
cates  that  both  materials  have  nearly  identical 
residual  creep  strains.  The  steady-state  expo¬ 
sure  data  of  Ref.  6  are  for  a  67  ksi  stress  level 
and  are  considerably  higher  than  the  40  ksi  used 
in  the  program. 

Following  exposure,  fatigue,  and  tensile  tests 
were  conducted  on  specimens  obtained  from  the 
exposure  specimens  as  shown  in  Fig*.  3-138  and 
3-139.  Tensile  test  results  of  base  material 
are  shown  in  Fig.  3-143.  The  baseline  material 
properties  of  the  unexposed  specimens  are 
shown  in  Table  3-GG.  Exposure  results  in  an 
increase  in  Ftu,  Fty  and  modulus  of  elasticity 
and  in  decreased  elongation.  The  effect  of  ex¬ 


posure  is  small  and  is  evident  in  comparison  to 
the  scatter  of  unexposed  data  in  Table  3-HH. 

These  results  are  in  agreement  with  the  data 
trend  as  found  by  Joliet  Metallurgical  Laboratories, 
Inc. ,  and  General  Dynamics  Corp.  The  tensile 
tests  of  the  exposed  spotwelded  joints  and  fusion- 
welded  specimens  indicated  the  same  typical 
results  as  found  for  the  base  material  specimens. 
The  results  of  temperature  exposure  on  spot- 
welded  joints  is  given  in  Fig.  3-144  and  for  the 
fusion  welded  specimens  in  Figs,  3-145  and  3-146. 

The  fatigue  life  of  center  hole,  spotwelded  joints 
and  fusion-welded  specimens  for  exposed  are 
unexposed  conditions  are  given  in  Par.  3.6. 1.  T.o 
investigate  the  effect  of  creep  exposure  on 
fatigue  life,  a  number  of  specimens  were  ex¬ 
posed  with  a  centrally  located  hole  (Fig.  3-151) 
to  represent  a  moderate  stress  concentration  on 
the  airplane.  In  other  specimens,  the  hole  was 
installed  after  exposure. 

Metallurgical  examinations  of  exposed  specimens 
have  indicated  no  detectible  material  changes. 

Testing  has  been  completed  on  the  fusion-welded 
specimens.  The  base  material  specimens  have 
completed  10,000  hrs  of  steady-state  and  cyclic 
exposure  and  testing  is  continuing  to  30,000  hrs. 
Post  exposure  testing  results  have  been  included 
for  all  except  the  10,  000  hrs  base  material  cyclic 
exposure  specimens.  Peat  exposure  testing  of 
these  specimens  is  presently  being  conducted. 

The  30,000  hrs  steady-state  specimens  have 
accumulated  19,  000  hrs  and  will  require  1.  25 
yrs  of  additional  exposure. 

Comparison  of  exposure  test  results  obtained 
from  this  program  and  from  other  investigators 
indicate  that  residual  exposure  effects  will  not 
impose  limitations  on  the  design  of  the  B-2707. 
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Figure  3-142.  Residual  Creep  Strain  Comparison 


Table  3-CG.  Baseline  Material  Properties 

PROPERTIES  OF  UNEXPOSED  Ti  8-1-1  MATERIAL  USED  IN  CREEP  TESTS 
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Table  3-HH.  Baseline  Material  Properties  Scatter 
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Figurt  3-145.  Longitudinal  Hold  Proportios 
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